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FOREWORD 

This document was prepared i n  compliance with t h e  requirement f o r  t h e  
f i n a l  repor t  f o r  National Aeronautics and Space Achinistration contract  
NAS '/-l2b, "Propulsion Requirements f o r  Soft  Lazd5ng i n  E x t r a t e r r e s t r i a l  
EEHroment s . ') 

ABSTRACT 9 
Requirements f o r  Soft  Landing i n  E x t r a t e r r e s t r i a l  Volume 111, ffPropulsion 

Envir omenis-Appendices , fl presents supplementary invest igat ions re la ted  t o  
t h e  analyses described i n  Volumes I and 11. This volume contains a survey 
gf_e;rtraterrestrial environments, a descr ip t ion  of venicle  systems for 
severa l  in te rp lane tary  missions, an inves t iga t ion  of s t a r t  systems for 
e x t r a t e r r e s t r i a l  landing propulsion systems, a design study of l una r  
landing impact devices, and an ana ly t i ca l  study of propellant s torage on 
the  lunar surface.  .. 
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APPENDICES 

APPENDIX A 

EXTRATERRESTRIAL ENVIRONMENTS 

Lbctra+,errestrial Atmsphems and Surfaces 

The da ta  compiled from references 1 through 22 t o  descr ibe the environ- 
mentzl conditions of the  moon, Mars, Venus and Mercury are presented i n  
Figures l a n d 2  and Tables 1 through 6 . It should be noted 
t h a t  a t  present, wide d i s p a r i t i e s  e x i s t  i n  the values of c e r t a i n  character- 
i s  t i c s  as measured by d i f fe ren t  researchers. 
l y  that perfomed by unmanned interplanetary probes, w i l l  serve t o  clarify 
much of the data  presented; 
avai lable ,  and are employed f o r  assistance i n  the design and analysis  of 
landing propulsion systems. 

Continued research, par t icular-  

however, these data  cur ren t ly  represent t he  b e s t  

The general  cha rac t e r i s t i c s  of the planetary bodies of i n t e r e s t  are 
presented i n  Tables 1 and 2 .  Atmosphere data  f o r  Earth, Mars and 

and 6 present ava i lab le  versions of t he  atmospheric and topographical 
features  of the &on, Venus, Hars and Mercury. These tables  include a review 
based on the ava i lab le  cross section of opinions. 

Venus are shown i n  Figures 1 and 2. Tables 3 , 4 5 0 

Effects of Rocket Exhausts 

Chemical &actions. Several  potent ia l  propellants were considered for 
engines performing s o f t  landings on e x t r a t e r r e s t r i a l  bodies. Liquid rocket 
engines &y employ bipropel lants  such as %/RP, 02H2, F 4, F 6 H 
CTF'/N~HI,, N2%/N2H , o r  cTp/B57. Liquid monopropellan$s may d 44, N2Hb 
and Cavea B. S o l i  ti rockets wou d probably employ PBAA/AL/AP and a hybrid, 
possibly CT"/LiH. These representative propellants w e n  examined regarding 
compatibil i ty with planet  environment and surface conditions. 

Noon and Hercury. The moon and planet  Mercury have e s s e n t i a l l y  vacuum 
conditions. 
w i l l  present no problem t o  propellants or exhaust products. 
conditions (considered t o  be es sen t i a l ly  the same except Mercury probably 
being more crusty) are thought t o  cons is t  of pumice, lava, silicates, rock, 
sandstone, and gypsum. The fluorine propellants a r e  reac t ive  with rainerala 
bu t  the absence of oxygen o r  water i n  the  abosphere  precludes sustained 
combustion i n  the event of spillage. 

If gases do exist, they a r e  thought t o  be only t r aces  which 
The surface 

1 
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Figure 2 . Flanetary Temperature va Altitude 
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The moon temperatures (-250 t o  260 E'.) and the b r c u r y  temperatures 
( twi l igh t  zone estimate - 200 t o  500 F.) may r e s u l t  i n  s torage problems 
f o r  a l l  the propellants,  and design pmtec t ion  appears necessary, 
Propellants MY experience autoignition, chemical breakdown, t h e d  
expansion, and high vapor pressures a t  the high temperatures. 
temperatures present freezing, thermal shrinkage and contract ion problems. 

The lov 

Venus. The Venus atmosphere is comprised of C02 and 142, w i t h  possible 

If i c e  c rys t a l e  ( i ,e .  water vapor) are a cons t i tuent  i n  the 

- 
t r aces  of A and 0. 
product react ions and would be similar t o  the &on and Mercury combustion 
conditions. 
Venus clouds, t h i s  could provide a f i re  hazard t o  some propel lants  such as 
the fluorines.  

The absence of oxygen negates propel lant  or exhaust 

The Venus surface composition is unknown, so no predict ion of propellant 
compatibil i ty can be made. 
wil l  require design protect ion o f t h e  propellants. 

with theremainder  C% and A. Traces of 02 and the rare gases a r e  pos- 
s i b i l i t i e s .  

The estimated surface temperature of 600 F. 

Ham. The Mars atmosphere is estimated t o  cons is t  of 95 percent 5 
Here again the absence of oxygen negates hazards of propellants 0 and exhaust products. 

The surface temperatures (-94 t o  86 F.) should only be a problem a t  the 
cold extremes requir ing some protection. 

The swface  composition may be l i m n i t e  ( i ron  hydroxide) which may reac t  
with some fue ls  such as hydrazine, 
t o  e x i s t  i n  the nonoxygen environment. 

However, no ser ious  hazards appear 

Visual Interference. Ground vis ibi l i ty  is dependent upon the nature  of 
the landing rocket exhaust pattern and on the propert ies  of t h e  exhaust 
gases, 
have a temperature and pressure mapping i n  addition t o  absorption and 
emissivi ty  coeff ic ients  as a function of temperature and pressure. A full 
and accurate mapping of the temperature and pressures would require an ex- 
tended program, s ince  the flow f i e l d  i s  complex. 
values along the shock frofit can be r ead i ly  obtained. The absorption and 
emissivi ty  coeff ic ients  f o r  NTO/5O-SO UDMH-N2H2, a r e  not  ava i lab le  i n  the 
v i s i b l e  spectrum but only i n  the inf ra red  range. 
program would be needed t o  determine these values. 

I n  order t o  determine t h e  luminosity of a gas, i t  is necessary t o  

However, approximate 

An extensive experimental 

A knowledge of the func t iona l  re la t ionship between the emissivi ty  of gases 
and the temperature and pressure shows that the emissivi ty  i s  low if  the 
temperature and/or pressure i s  lav. This  prompted an inves t iga t ion  i n t o  
some representat ive values f o r  the temperatures and pressures i n  the flow 
f i e ld .  

10 
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It was first necessary t o  determine the free j e t  boundary of the flar 
fields. The engine parameters used w e r e  expansion r a t i o ,  ( E ) of 4011 
and r a t i o  of spec i f i c  heats, ( Y ) of 1.25. The ambient pressure of 
(Pa) is  taken as 0. Using these values and assuming an 80-percent b e l l  
nozzle, and that  the flow can be approximated a t  the  exit  l i p  of the 
nozzles by two-dimensional Prandtl-Meyer flow, the f r e e  j e t  boundary is 
predicted as follovst 
b e l l ,  the exit Mach no., l&, is determined as 4.2h; the e x i t  contour angle, 
ee, as 8.1 degrees; and the Prandtl-Hsyer turning angle, we, is 85.5 
degrees. For x m  1.25, W,, = 180 degrees, the free j e t  boundary 
angle i s  then given a s s  

From a computed flow m a l y s i s  ef a 4O:l 80=percent 

W,, W e  + ee = 180-85.5+8.1 = 102.6 degrees 

Using t h i s  as the approach f l a w  angle of impingement f o r  very l a rge  Nach 
n m e r s ,  an approximate shock pattern can be deternbned. 

Since weak oblique shocks occur under the influence of small flow turning 
angles and strong, near ly  normal shocks occur w i t h  l a r g e  flow tunring 
angles, it was necessary t o  investigate both cases. Computations w e r e  
performed t o  determine the oblique shock propert ies  a t  7 -  1.25 and 
f o r  noma1 shocks a t  high hch numbers. 
def lect ion angles above 53 degrees cause strong shocks and above Mach 
number 10.0, the pressure a f t e r  shock is very small while the temperature 
is subs t an t i a l ly  equal t o  the  cambution chamber temperature. 

The results of these show that 

Using the j e t  spreading data  from e a r l i e r  s tudies ,  &ch number values can 
be found i n  f ron t  of the shocks as a function of distance f r o m t h e  nozzle 
exit a f t e r  t h e  shock f r o n t  has been located. 
by using the shock polar  or normal shock technique, whichever is applicable, 
Using these Mach numbers, the  temperature and pressure r a t i o s  can be 
determined across the  shock by normal shock relat ions.  
was used to  approximate the shape of the shock front .  
assuming that the d i r ec t ion  of the flow f i e l d  was p a r a l l e l  t o  the free j e t  
boundary. I n  r e a l i t y ,  the f l o w  becomes more a x i a l  as one goes downstrtam, 
Th i s  would cause t h e  ac tua l  shock f r o n t  t o  curve away from t h e  vehicle  
somewhat. Hwever, the s t r a i g h t  l i n e  approximation gives values on the 
conservative side. 

The shock f r o n t  is  located 

A s t r a i g h t  l i ne  
This was based on 

As the l o w  pressures encountered, the emissivi ty  i n  the v i s i b l e  range can 
be expected t o  be qu i t e  low. 
such as r e f l e c t i o n  of the sun from the Earth,  t h i s  i n t e n s i t y  is low enough 
t o  cause negl ig ib le  v i s i b i l i t y  problem. 

U i t h  a reasonable amount of background l igh t ,  
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Lunar Surface Interactions.  
main thrust chamber j e t  with the lunar surface has been attempted. 

An invest igat ion i n t o  the  in te rac t ion  of the 
A 

deta i led  theoret ical-analysis  was n o t  attempted a t  t h i s  time.- In essence, 
a study of this nature would involve determining the  momentum transport  of 
the  gases t o  the surface pa r t i c l e s ,  
which occurs before impingement of the j e t  on the surface would have t o  be 
s t r i a l  m.0 e m r  procedure. Ei ther  lcibcrious haEd calculat ions o r  an IBM 
program i s  needed t o  provide t h e  desired resul t .  
knowledge of the nature of t h e  lunar surface and dust  par t ic les ,  such a 
task would be of  questionable value. 

The determination of the Mach disc 

I n  view of the  lack  of 

0 

Reference ( 23) shows the experimental r e s u l t s  of  a study conducted t o  
determine t h e  nature of a lunar surface-exhaust j e t  interact ion.  
phase of t h i s  study, the lunar  surface was represented by 0.010-inch 
diameter white sand par t ic les .  A vacuum system was  used t o  simulate 
luna r  ambimt conditions. 
was maintained between 100,000:1 and 10,OOO:l over a 2.7 second period 
while erosion patterns were recorded photographically. 
were varied f r o m  200 t o  600 throat  diameters and the erosion pa t t e rn  
var ied f r o m  a concave hole of 200 t o  250 throat  diameters. 
mained e s sen t i a l ly  constant a t  60 throat  diameters. 
chamber throa t  diameter, D t  = 6.6 inches gives an average hole diameter of 
225 The erosion may not be 
qui te  as severe as t h i s  i n  an actual lunar landing. First, the j e t  will 
spread out more than t h a t  of t h i s  experimental simulation, allowing less 
gases to  h i t  the surface. 
t o  be hard r a the r  than soft .  

In one 

The nozzle total-to-ambient pressure r a t i o  

Descent heights 

The depth re- 
Assuming a main thrust 

o r  124 ft. and 33.2 ft. as the hole depth. 

Second, some invest igators  bel ieve the  surface 

Figure 
I n  a l l  known cases of such an interaction, the pa=.ticles are always forced 
away f r o m  the  vehicle and never h i t  the  vehicle. 
degrees may be taken as the angle o f  the  pa r t i c l e s  as they are blown away 
from the surface. 

3 shows the expected particle t ra jec tory  f o r  a lunar landing. 

An average value of 50 
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VEHICLE REQUCiEMENTS FOR INTXRPWTGRY MISSIONS 

Introduction 

In the future,  vehicles  will be designed t o  land instrumented probes 
on the planetary surfaces and subsequently re turn  them t o  the  Earth. 
Though t h i s  type of mission 13 suf f ic ien t ly  far i n  the fu tu re  that one 
cannot presently foresee what a typical planetary landing mission/vehicle 
combination will be, it is informative t o  look a t  various mission/vehicle 
combinations t o  gain ins ight  in to  vehicle and engine s i ze  and operating 
requirements . 
These requirements, i n  par t icular  the f e a s i b i l i t y  of t h e  launch vehicle 
s i z e  required, ind ica te  the f eas ib i l i t y  of the ovs ra l l  vehicle/mission 
combination. This study provides descriptions of a Mercury probe vehicle, 
a Mars landing and r e t u r n  vehicle, and a Venus landing and r e t u r n  vehicle, 
a l l  of which use bipropellant l iquid systems f o r  a l l  major propulsive 
maneuvers. 
systems. 

These missions a re  of greatest  i n t e r e s t  f o r  analysis  of landing 

Selected Hssion8 

The three  missions a re  described i n  Tables 7 and 8, Departure dates  
and t r i p  times are indicated i n  Table '7 , and the corresponding mission 
hyperbolic ve loc i ty  requirements are presented i n  Table 8, 

Though a spec i f i c  da te  of departure is  considered f o r  each mission, similar 
t r a j e c t o r i e s  w i l l  occur a t  other dates. Every Venusian synodic period 
(approximately 580 days) a Venusian mission of very s imi la r  hyperbolic 
ve loc i t i e s  and r e l a t ed  t r i p  t imes w i l l  occur. 
because of the higher eccentr ic i ty  of the Mars orbi t ,  do not repeat  as 
well every Mars synodic period. Three Mars missions are presented i n  
Table 9 . The three missions are only somewhat similar; the miosions 
i n  1975 and 1973 require higher t r i p  times or hyperbolic veloci ty  require- 
ments than the  selected t r i p  i n  1971. 
the  high eccen t r i c i ty  and incl inat ion t o  the e c l i p t i c  of t he  Mercury 
orb i t ,  has poor repe t i t ion .  
se lec ted  1973 mission is possible would be i n  1986. 

M s  missions, pr imari ls  

%e Mercury mission, because of 

The next time tha t  a mission similar t o  t h e  

A payload of 2000 pounds was selected f o r  the  Mercury mission. 
Mars and Venus missions, a 50,000-pound payload, which i s  la rge  enough for 
manned applications,  vas selected. 

For the 
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a 

SELEZTH) MISSIONS 

Mercury Landing Probe YAssion 

Time Ydssion Departure 

Earth-brcury Coast Time, days 

Payload, pounds 

k r s  Lsnding and Return Mission 

Time Mission Departure 

Earth-Yms Coast Time, deys 
Mars Stay Time, days 
Mars-Earth Coast Time, days 
Total Mission Time, days 

Payload, pounds 

Venus Ianding and Return Mission 

Time IHssion Departure 

Earth-Venus Coast Time, days 
Venus Stay Time, days 
Venus-Earth Coast Time, days 
Total Mssion Time, days 

10 my 1973 
90 

2000 

6 June 1971 

80 
12 - 260 
352 

30 November 1968 

125 
5 

115 
275 

Payload, pounds 

FOHM 6 0 8  ( L E D G E R )  REV. 1 - 5 8  
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- Mission and Vehicle Character is t ics  

In  Tables 10 and 11, a.summary of the three  selected vehicle/mission 
combinations i s  shown. 
along with the type of stage or system which is  t o  perform the maneuver. 
' h e  vehicle v d g h t  et. the  ini t , is t ion of each maneuver is a l s o  presented. 

For each mission, the required maneuvers a r e  l i s t e d  

Boost-to-Earth o r b i t  vehicles of several  types were considered i n  th i s  study. 
The veh ic l e  indicated as a l te rna t ive  A i n  Tables 10 and U. 
vehic le  with the exact o r b i t a l  payload capab i l i t y  required by the mission. 
This vehicle has a first stage using WRP-1 propellants,  engines similar 
i n  performance t o  the Rocketdyne F-1 which develops 1,500,000 pounds t h rus t ,  
and has a propellant f r ac t ion  of 0.92. 
pellants, has engines with performance similar t o  the Rockottlyne J-2 which 
develops 200,000 pounds thrust, and a propellant f r ac t ion  of 0.90. 

was a two-stage 

The second s tage uses 4_/H2 pro- 

Since the o r b i t a l  payload requirements of the three  missions are high, 
the boost-to-orbit maneuver may be performed by a group o f v e h i c l e s  whose 
payloads rendezvous i n  o r b i t  t o  form t he  required space vehicle. 
t i v e s  t o  the  s ing le  vehicle, rendezvous of various smaller vehicles was 
considered. 
Table 12 . For the Yercury mission, 3 C-5 vehicles  can be rendezvoused t o  
perform the  mission, or one 12 F-1 Nova can perform the mission. For Mars, 
nine I2 F-1 Novas must be rendezvoused or  5 of t he  2.4,OOO,OOO-pound takeoff 
t h rus t ,  two-stage, OZ/H;! vehicles m u s t  be rendezvoused t o  obtain the 
required o r b i t a l  payload. 
t h a t  the selected vehicle/mission combination seems highly unlikely. 
t o t a l  of lob  of the  ~,OOO,OOO-pound takeoff th rus t ,  OZ/H;! vehicles would 
have t o  be rendezvoused t o  obtain the required o r b i t a l  payload. 

As a l te rna-  

The three smaller vehicles considered are presented i n  0 

*The Venus mission o r b i t a l  payload is so i a r g e  
B 

Stage tank and s t ruc ture  weights, insu la t ion  w i g h t s ,  and boiloff  weights 
were estimated based on past studies. Stage trapped propellant weight 
was assumed t o  be 1 percent of stage propellant weight. A reserve propel- 
lant weight was included i n  each stage, capable of providing 5 percent 
addi t iona l  i d e a l  veloci ty  over the nominal requirement i n  a l l  cases except 
the  midcourse-terminal correction systems. For these systems, s ince ideal. 
ve loc i ty  requirements a r e  more d i f f i c u l t  t o  predict  accurately,  a 20 percent 
allowance was provided. 
the  various maneuvers uere determined from results presented i n  other  
sec t ions  of t h i s  study and i n  Reference 

The t h r u s t  and i d e a l  ve loc i ty  requirements for 

24. 

Propulsive braking was used only when approaching the planet Mercury. 
Mars, Venus, and Earth, atmospheric drag was used t o  decelerate  the vehicle .  
The aerodynamic en- vehicles were ab la t ive ly  cooled. 

A t  

For a l l  vehicles,  
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the  ablat ion shield weight was determined from the equation 

Because d e k i l e d  heat shield weights a r e  not current ly  ava i lab le  t h i s  
equation was used f o r  en t ry  a t  all  three planets although the  Venus en t ry  
would require higher heat shield weights and the Mars ent ry  lower heat 
sh ie ld  weights than those required a t  Earth. 
landings, the heat s h i e l d  must protect a takeoff and Earth-return vehicle. 
The heat shield will therefore  probably require  a separate support struc- 
ture .  
of the  weight of the en t ry  vehicle payload. 
not en t i r e ly  ablate;  pa r t  remains as an insu la t ion  layer. 
2/3 of the heat sh ie ld  m i g h t  was assumed t o  ab la te  while the other  l/3 
remained as insulat ion layer.  

For the brs and Venus 

The aerodynamic en t ry  vehicle a t r m t u r e  was assumed t o  be 25 percent 
The ab la t ive  heat sh ie ld  does 

I n  t h i s  study, 

The terminal decelerat ion phase for an atmospheric decelerat ion landing 
is performed by a system using parachutes, followed by a retrorocket  
(where desirable)  and frangible-tube landing legs,  
Venus landings, the system did not include a retrorocket;  however a system 
including a retrorocket  was used f o r  the Mars landing. 

For the  Earth and 

Attitude control  system analysis, a s  presented i n  Reference 
tha t  a t t i t u d e  control  system propellant weights and th rus t  l e v e l  require- 
ments are small. 
~ e h i c l e  and st t i+,ude cont ro l  system desigas,  
weight requirements and the d i f f i cu l ty  i n  determining exact w igh t s ,  1 per- 
cen t  of t ransfer  vehicle  gross weight was assumed t o  be the  allowance fo r  
a t t i t u d e  control. 

24, indicates  

&act  system weights are highly dependent uFon the  
&xE!.we of the l e v  s33tem 

A separate system is provided for  the midcourse and terminal corrections 
i n  a l l  cases. 
propellant and tankage. For additional redundancy, the propulsion system 
which is t o  perform the next main propulsive maneuver could be used f o r  
the midcourse and t e r m i n a l  corrections. 
weight penalty if the midcourse-terminal system propellant can be t ransfer red  
i n t o  the main propellant tansk (no propel lant  redundancy). 
was considered fo r  t he  Yarcury mission but not the Mars and Venus missions 
which do not have a major terminal phase propulsion system. 

These systems have redundant engines but not redundant 

This would not impose a s ign i f i can t  

This capabi l i ty  

FORM 608 ( L E D G E R )  m t V  1 .w-  
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0 J 

Selected Vehicle Description 

The f inal  vehicle descriptions for the three mission/vehicle combinations 
are presented at  Tables 13 and 14 In these tables, the 
vehicle weight, a system description and a maneuver description are  pre- 
sen+&d for each maneuver of t h e  mission. 
the system presented is Alternative B of Tables 10 and U ( i . e * ,  a single 
vehicle of the exact required size).  

For the boost-to-srbit maneuver, 

22 
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a 
TABLE U 

PIANEThiiY LANDING AND RETURN MISSIONS 

MANEUVER ONE, BOCET-TO-(EBRTH) CRBIT 

Fkopulsion Systems Mars 

F i r s t  Stage 
0 /RP Propellant 
l?hp Fed 
Regeneratively Cooled Bell Nozzle 
Chamber Pressure, ps l a  
Expansion Area Uti0 
Engine Mixture Ratio 
Spec i f ic  Impulse a t  Sea Lsvel, seconds 

Engine Weight, pounds 
Number of Required S t a r t s  

at  Vacuum, seconds 
Thrust, pounds 

Second Stage WHz Propellants 
Runp Fed 
Regeneratively Cooled B e l l  Nozzle 
Chamber Pressure, p s i a  
Ekpansion Area h t i o  
Engine Vdxture Ratio 
Engine Spec i f ic  Impulse, seconds 
Thrust, pounds 
Engine Weight, pounds 
Number of Required Starts 

Maneuver Description 

Intermediate Coast phase Trajectarp t o  
Law Alti tude Parking 
Orbit (300 n m i )  

Ideal  Velocity Requirement 
Stage one, ft/sec 
Stage TWO, ft/sec 
Total 

Thrust-to-Weight Ratio 
Stage One 
stage Two 

Venus 

1,000 1,000 
16 r l  16 t l  

2.25 :1 2.25:l 
265 265 
305 305 

7 I -  enn nnn 
4 1  , o w , u u w  3,12o,ooo,ooo 

2,ll0,000 44,600,000 
1 .1 

630 630 
2'7.jr1 27.5tl 

5:l 5:l 
4.26 1626 

26,500,000 559,000,000 
282,000 5 950,000 

2 2 

11,900 11,900 

29,800 29,800 
17,900 17,900 

1.25 1.25 
1.00 1.00 
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TULE l.3 

(Continued ) 

Vehicle Weight 

First Stage 
Vehicle Takeoff Gross Weight 

Nominal Consued Propellait Weight, 

Stage Jettisoned Weight, pounds 
pounds 

Final Vehicle Weight, pounds 

Second Stage 
I n i t i a l  Vehicle Weight, pounds 

Nominal Consumed Propellant Weight, 

Stage Jettisoned Weight, pounds 
p d s  

Final Vehicle Weight, pounds 

0 

ll8,200,000 

- 84,360,000 - 7,340.000 
26,500,000 

26,500,000 

-19,280,008 - 2,130.000 
5,090,000 

&?&?EWER TWO, EARTH r J ? I T  DEPAIITURE 

Propulsion System Mar8 

OZ/H2 A.OpdlantS 
Runp Fed 
Regneratively Cooled Bell Nozzle 
Chamber Pressure, psia 730 
Expansion Area Ratio 50 t l  
Thrust Chamber Mixture Ratio 5.3 21 
Engine Specific Impulse, seconds 432 
Thrust, pound8 2,540, 000 
Engine Weight, pounds 40,700 
Number of Required Star ts  1 

Venus 

2,496,000,000 

-1,782,000,000 - 155.000,OOO 
5 59,000,000 

-4% 800.000 

Venus 

730 
50 81 

5.3 81 
A32 

53,700,000 
860,000 

1 
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0 

(Cant inued ) 
Maneuver Description Mars Venus 

Earth Hyperbolic Excess Velocity, ft/sec 20,500 21,000 

Thrust-to-Weight Ratio 0.5 0 05 

Thrust Parallel-to-Velocity Departure 
from 300 n m i  Orbit 

IGeal 1.Tslocity Feqgireaeats, ft/sec 16 , 400 10,600 

Vehicle Weight 

I n i t i a l  Vehicle Weight, pounds 5,090,000 107,300,000 

pounds -3,520, 000 - 74,730,000 
Nominal Consumed Propellant Weight, 

Stage Trapped Propellant Weight, pounds - 36,000 - 770,000 
Stage Reserve Propellant Weight, pounds - . 87,000 - 1,7L+O,OOO 
Stage Tank and Structure Weight, pounds - 95,000 - 1,510,000 
Stage Engine Weight, pounds - w 000 - 860.000 

Final Vehicle Weight, pounds 1,311,000 27,690,000 

MANEWER THREE, SPACE TRANSFER M E  P R O P U L S I ~  

Propulsion System MEWS Venus 

Attitude Control 
F~/H* Propellants 
Fressure Fed 
Total 16 Ablative Thrust Chambers 

Complete Redundancy of Components 
(8 Redundant) 

Mdcourse and Terminal 
F2& hopel lants  
&essure Fed 
Two Engines (One Pagine out Capability) 
Regeneratively Cooled Bell Nozzle 

Bcpansion Area Ratio 5011 50 t l  
Mixture Ratio 16.4 t 1  l6.4tl 

Chamber Pressure, psia 112 l l 2  

Specific Impulse, seconds u w 
Thrust (One Engine), pound8 26,200 552,000 
Engine Weight (one engine), pounds 370 7,730 
Number of Required S tar t s  4 4 0 

FORM 608.B (LEDGER) REV. 1.50 



i i ; P Q C X k E T 3 D Y I ? M E  
4 DIVISION OF N O R T H  A M E R I C A N  A V I A T I O N  INC 

TABLE 13 

(Continued) 

Maneuver Description Mars Venus 

Att i tude Control 
Acquisition of Vehicle C o a s t  Phase 

Rotation t o  Orientation f o r  Propulsive 

Disturbed Limit-Cjrcle Position 

Orientation 

Phase 

S tab i l i za t ion  

Midcourse Corrections 
Number of Corrections 3 3 
Time After Launch of Corrections, days, 1,60,73 1,94,w 
Total  Ideal  Velocity Requirement, ft/sec 600 600 
Thrust-to-Weight Rat io  0.02 . 0.02 
Distance from Planet  of Correction, n mi 70,000 70,000 
Ideal Velocity Requiranent, f t /sec 1, OOo 1,000 
Thrust,-to-l?eight Ratio 0.02 0.02 

Terminal Correction 

Vehicle Weight 

I n i t i a l  'Vehicle Weight 
Propellant Boiloff 

Takeoff Stage One, pounds 
Takeoff Stage Rro, pounds 
Takeoff Stage Three, pounds 
& b i t  Departure Stage, pounds 
Midcourse System, pounds 

Nominal Consumed Propellant Weight, pounds 
System Trapped Propellant Weight, pounds 
System Reserve Propellant Weight, pounds 
System Tank an6 Structure  Weight, pounds 
System Insulat ion Weight, pounds 
System Engine Wight,  pounds 
Att i tude Control System, pounds 
Entry Vehicle Yiteor Shield, pounds 

Fina l  Vehicle Weight, pounds 

- 1,100 
- 500 - 600 
-135,600 - 1,600 - 28,500 - 9,100 - 300 - 700 - 13,100 - 21.900 
1,098,000 

27,690, OOO 

- 27,200 - 8,500 - 2,000 - 1,300 - 8,000 
-2,851,000 - 34,000 - 575,000 - 162,000 - 2,000 - 15,000 - 276,000 

26 
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TABU l-3 

(Continued) 

HANEWW FOUR, BRAKING FaR LANDING 

Type Vehicle Mars Venus 

Berodynamic Li f t ing  Body 
Ablative Heat Shield 

Maneuver Description 

Planet Hyperbolic Arr ival  Velocity, f t / sec  34,400 31,000 
m e s e t  Atmosphere Eritry Angle, degrees 
k i m u n  Aerodynamic Deceleration, g 6 6 

22.7 t o  24.1 6.1 t o  7.5 

Vehicle Weight 

I n i t i a l  Vehicle Weight, pounds 1,0q8,000 23,560,000 
Ablated Heat Shield *, pounds - 95 000 - 3,770.000 

Final  Vehicle Weight, pounds 1,003,000 19,790,000 

+of the t o t a l  heat sh ie ld  weight, 2/3 was assumed t o  ab la te  while the  other 
1/3 ranaim as an insu la t ion  layer. 

Ablated Heat Shield, pounds 
Heat Shield Insulation, pounds 
Tota l  Heat Shield Weight, pounds 

95,000 3,770, CIOO 
t48.000 +1,880; 000 
343,000 5,650,000 

27 
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TABU 13 

(Continued) 

MiWXVER FIVE, LANDING TERMINAL DECELF;RBTION PHBSE 

Q p e  of Deceleration System 

Mars 
Parachute Deceleration to,  ft/sec 
Retrorocket Deceleration from, f t /sec 

Retrorocket Thrust-to-Weight Ratio 
Retrorocket Spec i f ic  Impulse, seconds 

Frangible Tube Landing Legs 

Venus 
Parachute Deceleration to, ft/sec 
Frangible Tube Landing Legs 

120 
. 120 t o  35 

0.8 
240 

42 

Vehicle Weight Mars Venus 

I n i t i a l  Vehicle Weight, pounds 1,003,000 19,790,000 
0 

Heat Shield Insulation, pounds - 48,000 - 1,880,000 
h r a r o c k e t  System, pounds - 38,000 - 340,000 

Heat Shield Support Structure ,  pounds - i82.000 - 3,&70,000 Frangible Tube Landing legs,  pounds - 9, ~ 0 0  - 220,000 

Fina l  Vehicle Weight, pounds 726,000 13,880,000 

Propulsion System 

F i r s t  Stage 
F;z/H;? Propellants 
Aunp Fed 
Regeneratively Cooled Bell Nozzle 
Chamber Pressure, psia 
Expansion Area Ratio 
Thrust Chamber Mxture Ratio 

1,280 
50 a1 

16.4 a 1  

Venus 

1,000 
511 
Ut1 
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(Continued) 

Mars Venus 
Engine Specif ic  Impulse 

Surface, seconds 
Vzc~~m,  seconds 

Thrust (Vacuum) pounds 
Thrust (surface), pounds 
Engine Weight, pounds 
Number of Required S t a r t s  

Second Stage 
F /% Propellants 
dmp Fed 
Regeneratively Cooled Bell Nozzle 
Chamber Pressure, ps ia  
Ekpansion Area Ratio 
Thrust Chamber Mixture Ratio 
Engine Specific Impulse 

Surface, seconds 
Vacuum, seconds 

m u s t  (Vacuum) 
Engine Weight, pounds 
Number of Required Starts 

Tnird Stage 

Regeneratively Cooled B e l l  Nozzle 
Chamber Pressure, psia 
Expansion Area Ratio 
Thrust Chamber Mixture Ratio 
Engine Specific Impulse (Vacum), seconds 
Thrust (Vacuum), pounds 
Ehgine Veight, pounds 
Number of Required S t a r t s  

445 322 
456 397 

18,360,000 
7, 350 266,000 

2 1 

593 000 

1,000 
lo t1  
1211 

1,280 
50:1 

16.4 :1 
456 

1,670,000 
20,700 

2 
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TABLE 13 

(Continued ) 

Maneuver Description M S  

Intermediate Coast Rase Trajectory t o  

Idea l  Velocity Requirement, f t /sec 
Low Altitude Parking Orbit (300 n m i )  

Stage h e  14,200 
Stage Two 
Stage Three 
Total  

Stage We 0.8 
Stage Two 
Stage Three 

Thrust-to-Weight Rat i o  

Vehicle Weight 

F i r s t  Stage 
I n i t i a l  Vehicle Weight, pounds 726,000 

Nominal Consumed Propellant Weight, 
pounds -450,600 

Stage Trapped Propellant Weight, pounds - 4,700 
Stage Reserve Propellant Weight, pounds - 13,000 
Stage Tank and Structure  Veight, pounds - 14,100 
Stage Insulation Weight, pounds - 500 

Fina l  Vehicle Weight, pounds 235,800 
Stage Engine Weight, pounds - 7.300 

Second Stage 
I n i t i a l  Vehicle Weight 

Nominal Consumed B o p e l l a n t  Weight, 

Stage Trapped Propellant Weight, pounds 
Stage Reserve Propellant Weight, pounds 
Stage Tank and Structure  Weight, pounds 
Stage Insulation Weight, pounds 
Stage Engine Weight, pounds 

pounds 

Final  Vehicle Weight 

Venus 

12,200 
13 3 900 
13.900 

40,000 

1 e 3 3  
1.33 
1 *33 

13,880,000 

- 8,925,000 - 92,000 

- 175,000 

* 266.000 

- w,cm 
8,000 

4,166,000 

4,166,000 

- 2,676,000 - 28,000 - 73,000 - 63,400 - 2,600 - 63.000 
1,260,000 
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(Con t h u e  d ) 

Third Stage 

I n i t i a l  Vehicle ?.?eight, pounds 
Nominal Consmsd Propellant Weight, 

Stage Trapped Propellant Weight, pounds 
Stage Reserve Propellant Weight, pounds 
Stage Tank and Structure  Weight, pounds 
Stage Insulation Weight, pounds 
Stage Engine Veight, pounds 

pounds 

F ina l  Vehicle Weight, pounds 

hrs Venus 

1,260,003 

- 769,400 - 8,000 - 22,200 - 21,100 - 600 

428,000 
- 20.700 

MLUEwER SEmN, CaiBIT DEPaRTURE 

Propulsion System Mars Venus 
0 

F& Propellants 
Armp Fed 
D 1  u e d  Nozzle, Fiegenerative t o  2Qtlwith 

Radiation Cooled Ski r t  
Chamber Pressure, p s i a  
Jkpansion Area Ratio 
Thrust Chamber Mixture Rat io  
Engine Spec if i c  Impulse, seconds 
Thrust, pounds 
Engine Weight, pounds 
Number of Required S t a r t s  

1,840 1,840 
200 :1 200 t l  

17.0tl 17.0tl 
473 473 

38,000 u, 000 
720 2,800 
1 1 

k n e u v e r  Description 
Planet IIyperbolic Ekcess Velocity, ft/sec 18,000 29,000 
Thrust Pa ra l l e l  t o  Velocity Departure from 

Ideal Velocity Requirement, ft/sec 13,400 21,300 

300 n mi & b i t  
Thrust-to-'rJeight Ratio 0.16 0.35 

FOHM bO0 B ( L E D G E R )  REV. I 50 
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TABLE 13 

(Continued) 

Vehicle ?Je i gh t  Yars Venus 

hitid Vehicle ?kight ,  pounds 235,800 

pounds -137,700 
Nominal Consumed Propellant Weight, 

Stage Trapped Propellant Weight, pounds - 1,400 
Stage Reserve Propellant Weight, pounds 4,300 
Stage Tank and Structure  Weight, pounds - 5,700 
Stage Insulation Weight, pounds - 200 
Stage Engine Weight, pounds - 700 

M n a l  Vehicle !!eight, pounds 85,800 

MkYElI'VXR EIGHT, SPACE TRPSJSFER PHASE PROPUISION 

Propulsion Systems Mars 

Atti tude Control 
Cold Gas System 
Total 16 Chambers (8 Redundant) 
Complete Redundancy of Components 

Kdcourse and Terminal 
50-50 (N2H UDMI)/N204 F'ropellants 
Pressure F& 
Two Engines (One Engine (ht Capability) 
Regeneratively Cooled B e l l  Nozzle 
Chamber Fressure, ps ia  
Expansion Area Ratio 
Thrust Chamber Mixture Ratio 
Specif ic  Impulse, seconds 
Thrust, pounds (one engine) 
Engine Weight, pounds (one engine) 
Number of Required Starts 

-?ut, 100 - 3,200 - 7,100 - 10,900 - 400 - 2,800 
79,500 

Venus 

150 150 
50 t l  50 t l  

2.13 t l  2.13 81 
322.8 322 .8 

18.4 17 
1,720 1,590 

6 5 
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0 
L 

(Continued) 

Mmeuver k s c r i p t i o n  

A tt. i tude  Control 
Acquisition of Vehicle Coast Rase 

Rotation t o  Orientation f o r  Propulsive 

Disturbed Limit-Cycle Position S tab i l iza t ion  

Orientation 

Phase 

blidc ours e Corrections. 
Number of Corrections 5 
Time of Corrections, days 1, 195, 238 

253, 258 
600 

Thrust-to-Weight Ratio 0.02 
Total Ideal  Velocity Requirements, ft/sec 

Terminal Correction 
Distance of Correction from Planet, n mi 70,000 
Ideal  Velocity Requirement, f t /sec 1,000 
Thrust-tooweight Ratio 0.02 

Vehicle Weight 

I n i t i a l  Vehicle Weight, pounds 
Atti tude Control System, pounds 
Nominal Consumed Fropellant Weight, 

Stage Trapped Propellant IJeight, pounds 
Stage Reserve Propellant !&ight, pounds 
Stage Tank and Structure  wight ,  pounds 
Stage Engine Ihight ,  pounds 
Payload Yiteor Shield, pounds 

pounds 

Fina l  Vehicle \!eight, pounds 

33 

85,800 - 860 

-12,220 - 150 - 2,260 - 830 - 40 - 2.200 
67,240 

Venus 

4 
1, loq 

133, w 
600 
0.02 

79,000 

0.02 
1,000 

79,500 - 800 

-11,330 - 130 - 2,090 - 770 - 30 - 2,040 
62,310 

FORM 608 0 (LEDGER1 REV. I 50 
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TABU 13 

(Continued ) 

M N E F J B  NINE, BRAKING FOR EARTH IANDING 

Type Vehicle IilarS Venus 

Aerodynamic Lif t ing Body 
Ablative Heat Shield 

Paneuver Description 

Earth Hyperbolic Arr ival  Velocity, ft/sec 27,000 20,000 
Earth Atmosphere Entry Angle, degrees 5.4 t o  7.4 
Maximum Berodynamic Deceleration, g 6 6 

5.6 t o  7.3 

Vehicle Weight 

I n i t i a l  Vehicle tleight, pounds 67,240 62,310 
Ablated Heat Shield*, pounds - 10.320 - 7,070 

F ina l  Vehicle Weight, pounds 56,920 55,240 

*of the  total heat sh ie ld  weight 2/3 was assumed t o  ab la t e  while the other 
1/3 reamins a s  an insu la t ion  layer 

Ablated Heat Shield, pounds 10,320 7,070 
Heat Shield Insulation, pounds 
Total  Heat Shield Weight, pounds 15 470 10,600 

t 5.150 LUIL 

I4ANEWER TE3, EARTH LANDING TERMINAL DECELERATION PHASE 

Type of Deceleration System Mar8 Venus 

Main Chute Deployment, ft/sec 
Parachute Deceleration, ft/sec 
Frangible Tube Landing Legs 

400 400 
t o  55 t o  55 

34 
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TABLE 13 

(Continued) 

Vehicle Weight 

I n i t i a l  Vehicle Weight, pounds 
Eeat Shield Insulation, pounds 
Parachute System, pounds 
Frangible Tube Ianding Legs, pounds 

Fina l  Mission Payload, pounds 

Mars Ver.us 

56,920 55,240 
5,150 .. 3,530 - 820 - 800 - 950 

50,000 
- 910 

50, 00G 

35 
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T A B U  

MZRCURY WU'DING AND RETURN NISSION. 

Y i E W E R  ONE, ROOST-TO- (EARTH) ORBIT 

Propulsion Systems 

F i r s t  Stage 
0;2/RF Propellant 
Pump Fed 
Regeneratively Cooled Bell Nozzle 
Chamber Pressure, psia 
Expansion Area Ratio 
Engine Kixture Ratio 
Engine Specif ic  Impulse a t  Sea Level, Seconds 

Thrust, pounds 
Engine Ueight, pounds 
Number of Required S t a r t s  

a t  V~cuuni, seconds 

Second Stage 
OdH2 Propel lants  
Prn~ Fed 
Regenerstively Cooled Bell Nozzle 
Chamber Pressure, psia 
Expansion Area Ratio 
Engine M x t u r e  Ratio 
Engine Specif ic  Impulse, seconds 
Thrust, pounds 
Engine Xeight, pounds 
Nuber  of Requirtxi S t a r t s  

Yaneuver De s c r i p t  ion 

Intermediate Coast Phase Trajectory t o  
Low Alti tude Parking 

Ideal Velocity Requirement 
Orbit  (300 n m i )  

Stage One, ft /aec 
Stsge Two, f t / sec  
Total 

Thrust- t a-Weigh t Rat i o  
Stage One 
Stage Two 

b r c u r y  

1000 
l6:l 

2.2581 
265 
305 

16,130,000 
231,W 

1 

11,900 
17,300 
29, so0 
1.25 
1.00 
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TABLE lh 
(Continued) 

Vehicle Yoight 

F i r s t  Stage 
Vehicle Takeoff Gross Weight, pounds 

Nonin,l Consumed Propellant Weight, pounds 
Stage Je t t i soned  Yeight, pounds 

Fina l  Vehicle Weight, pounds 

Second Stage 
I n i t i a l  Vehicle Weight, pounds 

F ina l  Vehicle Weight, pounds 

Nominal Consumed Propeilant Weight, pounds 
Stage Je t t i soned  Wetght, pounds 

MUEUVLI nJ0, EARTH ORBIT LEPARTURE 

Propulsion System 

Pm.p Fed 
O d H 2  Propel lants  

Regeneratively Cooled Bell Nozzle 
Chamber Pressure, psia 
Expansion Area Ratio 
Thrust Chamber Mixtirre Ftatio 
Engine Speci f ic  Inipulse, seconds 

Engine Weight, pounds 
N~nb6r of Reqzirxi Starts 

Thrust, pound8 

k n  ewer  Description 

Earth Hyperbolic Excess Velocity, ft/sec 
Thrust Perallel-to-Velocity Departure 

from 300 n mi Orbit 
Thrust-to-Weight Rat io  
Icieal Velocity Xequirementa, f t /sea 

Mercury 

l2,910,000 - 9,220,000 

2,890,000 

232 dOG 
-2,103 COO 

---2$m 

Mercury 

730 
%:l 

5.3 8 1  
432 

278 , 000 
4,450 

1 

31 8 COO 

0.5 
23,300 

37 
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a 
TABLE 

Vehicle Weight Mercury 

555,000 
-4N,OOO - 4,600 - 8,500 - 16,400 
‘-4.aQ 
71,OOO 

Initial Vehicle Veight, pounds 
Nominal Consumed Propellant Weight, pounds 
Stage Trapped Propellant Weight, pounds 
Stage Reserve Propellant Weight, pounds 
Stage Tank and Structure  Weight, pounds 
Stage Engine Weight, pounds 

Final  Vehicle Weight, pounds 

Y3rNZUVER THa%E, SPACE TRANSFER PHASE PROPUISXON 

Propulsion Systems 

Attitude Control a Mercury 

Cold Gas Sjrstaa 
Total 16 Chambers (8 Redundant) 
Complete ReCunZancy of Components 

Kidcourse and Terminal 
O2/ BZ Propellants 
Pressure Fed 
Two Sngines (Cne Engine out Capability) 
Regeneratively Cooled Bell Nozzle 
Chamber Pressure, psla 
Expansion Area Ratio 
P’ture Ratio 
Scecific Impulse, seconds 
Thrust  ( h e  Engine), pounds 
Enghe Weight (one engine), pounds 
Number of Required S t a r t s  

kneuver Gescri2tion 

75 
5O:l 

5.581 
430 

1,400 
28 
4 

k t t i tud e Control 
Acquisition of Vehicle Coast Phase Orientation 
R c t G t i m  t o  C r i e a t a t i o n  fo r  Prcpulsive ?hsse 
Sisturbed Limit-Cycle Position Stabiliziition 

- 
FORM 608 B ~ L E O G L R J  H E V  I 5 8  
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TABLE 14 

(Continued) 

Yddc ours e Correct ions 
Number of Corrections 
Time k f t e r  Launch of Corrections, days 
Total Ides i  Velocity Requirement, ft/sec 
Thrust-to-Weight Ratio 

Terminal Correction 
Distance from Planet of Correction, n m i  
Ideal Velocity Requirement, ft/sec 
Thrust-to-Weight Ratio 

Vehicle Weight 
I n i t i a l  Vehicle Weight 

Propellant Boiloff; 
F i r s t  Stage Orbit Establishment 
Second Stage Orbit Establishment 
Ianciinq Stage 

Fins1 Yohicle Weight 
Nominal Conmzed Propellant Weight 

Propulsion System 

F i r s t  Sta e 

Pump Fed 
Eel1 Nozzle, Regenerative to 20:1 w i t h  

ChaLber Pressure, p s h  
Expansion Ares Ratio 
Thrust Chanber Mixture Ratio 
Engine Specific Impulse, secon6a 
Thrust, pounds 
Engine Weisht, pounds 
Number of Required Sta r t s  

P ropellants 

h d i e t i o n  Cooled Sk i r t  

Mercury 
3 

600 
0.02 

1, 68, 83 

60,000 
7w 
0.02 

71,000 

- 520 - 140 - 210 - 6,240 
63,860 

Mercury 

39 
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0 J 

TABLE 11 
(Continued) 

Second Stage 
O+- Prepellants 

Bell Nozzle, Regenerative t o  2Q:l with 
Radiation Cooled S k i r t  

Chamber Pressure, psia  
Expansicn Area Ratio 
Thrust Chartber Mixture Ratio 
Engine Specif i c  Impulse, seconds 
Thrust, pounds 
Engine Weight, pounds 
Number of Required S t a r t s  

h u n p k d  

Maneuver Descriptioa 

Kercury Hyperbolic Arrival Velocity, f t/sec 
Thrust Parallel t o  Velocity 300 n mi 

Orbit Establishment 
Two Stage Vehicle 
Thrust-to-Weight Ratio Both Stages 
Ideal Velocity Requirement, f t /  8ec 

Uehicle Ueight 

F i r s t  Stage 
Initial Vehicle Weight, pounds 

Attitude Control System , pounds 
Nominal Consumed Propellant Weight, pounds 
Stage Trapped Prcpellant Weight 9 P o d 3  
Stage Reserve Propellant Weight , P o d 3  
Stage Tank and Structure Weight, pounds 
Stage Insulation Weight pounds 
Stage Engine Weight, p~unds 
kidcourse Systam Trapped Propellant Weight, 
midcou se System Reserve Propellant Yeight 
Midcourse Syatea T a d  and Structure  b i g h t  , 
Midcourse System I n s a t i o n  Eleight , pounds 
Midcourse System Engine Weight , pounds 

Final  Vehicle Gleight, pounds 

Mercury 

ll50 
200 11 

6475 :1 
446 

9600 
230 
1 

0.5 
;(4,Gdo 
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T A B U  14 
(Continued) 

Second Stage 

Initial Vehicle Weight, pounds 
Ncminal Consumed Propellant Weight, pounds 
S h E e  Trapped Propellant Weight, pounds 
Stzge Reserve Propellant Weight, pounds 
Stage Tank and Structure Weight, pcxnds 
St?ge In3rlat ion Weight, pounds 
Stage Engine Weight, pounds 

F ina l  Vehicle Weight, pounda 

Y U W E R  FIVE, W I N G  FROM ORBIT 

Propulsion System 

F2& Propellants 
Pump Fed 
Regenerativelg Cooled Bell Nozzle 
Chamber Pressure, psia 
Expansim Area Ratio 
Thrust Chamber Mixture Rat io  
Engine Specific Impulse, seconds 
Thrust, pounds 
Engine Weight, pounds 
Number of Required S t a r t s  
Fixed Area Thrott1ing:Throttllng Ratio 

Ymeuver Description 

bnciing from 300 n m i  Orbit 
Constant  Alt i tude Braking a t  300 n mi 
Coast on El l ipse :  Apoapsis = 300 n mi 

Thrus t  Parallel t o  Velocity Braking 

hneuver  Terminated when Vehicle Velocity 

Periiipsis= 10.7 n mi 

Beginning at Periapsie 

Equals Zero 
Total Phneuver Ideal Velocity Requirement, f t/sec 
Thrust-to-Weight Ratio 

Mercury 

19,110 
-10,830 - 110 - 360 
1,330 

- 9 0  -a 
6,160 

Mercury 

*1,010 
50 $1 

16.6:l 
456 

6,160 
78 
2 

12:l 

11,200 
1.0 
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J 

TABLE l h  

(Continued) 

Vehicls Weight 

hitid Vehicle Yeig.?.?t, p c u d s  

Final Vehicle Weight, porncis 
Nominal Consumed Propellmt Weight, pounds 

MAiJEUM SIX, HOVER TRANSLATION 

Propulsion System 

bneuver is Performed by Landing Stage 

Panewer Description 

Lou Altitude Hover, Horizontal Translation and 
Slow Descent t o  Near the Mercury Surface 

Thrust-to-Mercury Weight Rat io  Approxinatelp One 
Hover-Translation Time, seconds 
I&al Velocity Requirement, ft/sec 

Vehicl-e Weight 

I n i t i a l  Vehicle Weight, pounds 

Finel Vehicle Weight, pounds 
Nominal Consumed Propellant Weight, pounds 

Type of Deceleration System 

Frangible Tube Landing Legs 
Paximurn Input Velocity, f t/sec 

Mercury 

6,160 
-3 280 
2,880 

Mercury 

60 
7% 

2,880 
-2 
2,742 

Mercury 

50 

a 
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TABLE l b  
(Con t inu&) 

Vehicle Weight 

I n i t i a l  Vehicle Weight, polmds 
laEdlr?g Stag3 Tank and S t r u c k r e  Xeigllti, pounds 
Landing Stage Insulation Weight, pounds 
Lariding Stage Engine Weight, pounds 
Landing Stage Trapped Propellant Weight, pounds 
Landing Stage, Reserve Propellant Weight, pounds 
Frangible Tube Landing Legs, pounds 

Final Mission Payload, pounds 

Mercury 

2,742 - 434 - 41 - 78 
- 4 2  - 106 
=a 
2,000 
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APPrnIX c 

ENGINE START TECHNIQUES FOR EXTRATERRESTRIAL 
LANDING ENGINES 

Summary 

A design study was conducted to determine t h e  methods avai lable  f o r  s t a r t i n g  
and r e s t a r t i ng  l iqu id  rocket engines of the  type used f o r  e x t r a t e r r e s t r i a l  
landing propulsion systems. 
phases. These were: 

Engine start.was divided in to  f o u r  d i s t i n c t  

1. Supply propel lants  
2. Ready engine 
3. Supply turbine power 
L. Ignite Propellant 

Evaluation of d i f f e ren t  methods of  accomplishing each of the  above phases 
was conducted. 
of s t a r t i n g  landing propulsion systems i n  a zero g, vacuum emrironment is 
t o  incorporate t h e  following features: 

Results indicate  t h a t  the  simplest and most r e l i a b l e  means 

For pressure-fed engines, 

1. a. Nonpositive expuision tanks 
b. Main thrust  chamber propellant s e t t l i n g  

2. Hypergolic propellants ( e i t h e r  natural ly  hypergolic o r  
hypergolic because of chemical addi t ives)  

For pump-fed engines, 

1. a, Nonpositive expulsion tanks 
b. Main thrus t  chamber propellant s e t t l i n g  

2. Tapoff turbine dr ive  

3 . Hypergolic propellants 

Discussion 
-_I_ 

E x t r a t e r r e s t r i a l  landing propulsion s y s t e m  must have the  capabi l i ty  of 
s t a r t i n g  ( a t  l e a s t  once, and several  times i n  most cases) i n  t h e  zero 
gravity,  vacuum environment of space. A ,broad range of  rocket engines, 

F O R M  GOO 0 ( L E D G E H I  R E V .  I 50 
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described below, was considered i n  a design study t o  define t h e  simplest 
and most r e l i a b l e  techniques f o r  accomplishing engine s t a r t .  

Engine Character is t ics  

Thrust Level . 20,000 t o  100,000 pounds 

Propellant feed Pump o r  pressure-fed 
Prop ellant s 

ihnber of s t a r t s  2 - 6  

Cryogenic or noncryogenic 

The conditions required f o r  s t a r t i ng  or  r e s t a r t i ng  a l i qu id  propellant 
rocket engine i n  a space enviroment are: 

1, 
2. 

Supply propellants i n  usable form 
Ready engines, which may include 

a, Pref i re  purge 
b, C h i l l  down 
C. Engine con t ro l s  checkout 

3. Supply turbine power 
4. I g n i t e  t h rus t  chamber propellants 

The purpose of  t h i s  study was t o  invest igate  a l l  possible  types of engine 
systems with respect t o  the  stated requirements and then t o  def ine  and 
evaluate t h e  appl icable  systems. 

The m a j o r  var iab le  affecting the  engine system operztion is t h e  -:chicle- 
propel lant  tank configuration, specif ical ly  whether they are pos i t i ve  
expulsion type or not. 
pos i t i ve  expulsion tanks and f o r  tanks where no pos i t ive  expulsion device is 
employed. The possible  avenues of approach f o r  engine s t a r t i ng  a re  shown i n  
Table 15 , 

Engine system comparisons were made f o r  both 

Propel lant  Supply. 
design tmpera tu re  and pressure range t o  t h e  engine in l e t s .  
accomplished i n  two ways .  
pos i t i ve  expulsion device such as  diaphragms o r  force  f i e l d s  a s  discussed 
i n  Reference 
t h e  l i qu id  s i d e  of the  diaphragm o r  t o  enable the  expulsion device t o  
separate  the  gas phase and control its posit ion.  
device is used, no engine modification is  required f o r  a zero ' g t  enviroment. 

It i s  necessary t o  supply l i qu id  propellants within the  
This may be 

F i r s t ,  l iquid propellants may be assured by a 

Care must be taken e i t h e r  t o  prevent vaporization on 25, 

If a posi t ive expulsion 

FOhM G U M  B f L C D G l . U l  H E V .  1 5 8  
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Second, if no pos i t i ve  expulsion device i s  used, t he  l i qu id  phase propel lants  
may be supplied t o  the engine in l e t s  by a q l y i n g  a s e t t l i n g  th rus t ,  t h a t  is, 
a t h r u s t  ar.d consequently an acceleration t o  the  vehic le  i n  such a d i r ec t ion  
t h a t  t h e  l j q u i d s  will s e t t l e  t o  t h e  bottom of t h e  propel lant  tank and the  
gases t o  t h e  t o p  of t he  tank. 
obtained by e i t h e r  t h e  main thrus t  chamber o r  an aluil iary t h r u s t  chaiiber. 
Auxiliary pos i t i ve  expulsion s t a r t  tanks, Figure 
provide l i qu id  propel lants  t o  t h e  p'np- o r  pressure-fed engine, t o  allow 
mainstage operation p r i o r  t o  main propel lant  tank settling. These s t a r t  
tacks  must be s i zed  f o r  as many starts as required. The s t a r t  cha rac t e r i s t i c s  
then become i d e n t i c a l  t o  the case of pos i t i ve  expulsion tanks. The s e t t l i n g  
t ime f o r  d i f f e r e n t  gross weight vehicles and d i f fe ren t  propel lant  combinations 
is  shown i n  Figures 5 and 6 . Certain s y s t m  modifications must be made 
t o  some engine systems before  the  main t h r u s t  chamber can be used f o r  s e t t l i ng .  
These modifications are discussed below f o r  each type engine system. 

T h i s  propulsive s e t t l i n g  t h r u s t  may be 

La, may be supplied t o  

Pressure-Fed (Figure kd. Set t l ing  t h r u s t  m a y  be obtained i n  a p r e s s u r e  
fed system by opening t h e  main propellant valves. 
flow t o  the  combustion chamber where they can be ign i ted  t o  provide s e t t l i n g  
thrust .  
la ter .  
is  required. 
must be made t o  assure  acceptable tube w a l l  temperatures over t h e  expected 
range of engine operation during start. 

This penni ts  propel lan ts  t o  

The effect  of any pressurant gas flowing i n t o  t h e  engine i s  discussed 
If a nonregeneratively cooled t h r u s t  chamber is used, no modification 

If a regeneratively cooled chamber i s  used, heat t r a n s f e r  studies 

Pump-Fed Systms.  As i n  the case of t h e  pressure-fed systan, i f  a regen- 
eratively cooled thrust  chamber is used, i t s  cooling capab i l i t i e s  must be 
investigated.  The major consideration when using t h e  pump-fed engine i s  t o  
insure  l i qu id  propel lants  a r e  i n  the turbopumps p r i o r  t o  appxving tu rb ine  
power. This conditjon i s  necessary t o  prevent pump overspeed and bearing 
failure.  

Gas Generator System (Figure hc) .  I n  a conventional gas generator 
system, s e t t l i n g  t h r u s t  may be obtained by opening the  main valves while 
keeping the  gas generator valves closed and ign j t ing  t h e  main chanier pro- 
pe l lan ts .  

Tapoff Turbine Drive System (Figure 4d ). The main combustion chamber 
may be used f o r  s e t t l i n g  t h r u s t  only i f  a gas shutoff valve i s  provided i n  t h e  
tu rb ine  i n l e t  l i ne .  

Topping Turbine Drive System. Three types of tu rb ine  drive systems are 
poss ib le  whjch would be termed topping cycle  turb ine  drives. They are t h e  
bjpropel lant  gas generator, Figure he t he  monopropellant gas generator, 

FORM 60+4 S I L E D C I  R !  R E V  1 5 8  



=OcCKETXiD?WI?UE 
4 D I V I S I O N  OF N O R T H  A M E R I C A N  A V I A T I O N .  INC 

+Regulator 

Ida, Pressure Fed System with Auxiliary bb, Pressure Fed Systm 
Pos i t i ve  Expulsion S t a r t  Tanks 
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Figure hg, and t h e  regenerative,  Figure t f ,  topping cycles. I n  order  
t o  use t h e  main combustion chamber f o r  propel lant  s e t t l i ng ,  t h e .  tu rb ine  
i n l e t  must be closed with a valve and a bypass around t h e  turb ine  with 
a valve, i s  required. 

For t h e  tapoff  ar,d topping cycles, t h e  valves which are required f o r  obtain- 
i ng  s e t t l i n g  th rus t  may a l s o  be required f o r  t h r o t t l i n g  i n  which case the 
effect on engine r e l i a b i l i t y  i s  not great. 

Auxiliary Engine. If t h e  coolant jacket i n  a regenerat ively cooled 
engine is  found t o  be inadequate f o r  t h e  requirements of t h e  s e t t l i n g  
thrust operation, an auxi l ia ry  thrust  chamber may be used t o  provide t h e  
required thrust. 
t h r u s t  i s  great and excessivel;. penalizes system re l iab i l i ty ,  an auxiliary 
t h r u s t  chamber may be advantageous. 
inc lude  a su i t ab le  t h r u s t  chamber whose main funct ion is midcourse correction, 
o r  a t t i t u d e  control,  which can be csed f o r  s e t t l i n g  th rus t  without s a c r i f i c i n g  
system r e l i a b i l i t y .  
phase propel lant  flow w i l l  be similar t o  the  pressure-fed engine as described 
l a t e r  , 

If the  system complexity required f o r  main chamber s e t t l i n g  

The landing propulsion systm may 

The operating cha rac t e r i s t i c s  of this engine with two 

P r e f i r e  Engine Preparation. 
are  qometimes required t o  provide a safe repeatable start. 

Prior  t o  engine start, t h e  following operations 

1. Controls checkout 
2. Prefi re  purge 
3. Chilldown 

The cont ro ls  checkout i n  smne form will be accomplished, bu t  i s  not  per t inent  
t o  t h e  present discussion, 
fore ign  f l u i d s  i n  t h e  injector ,  dome and feed l i n e s  p r i o r  t o  t h e  admission of 
'main propellants.  
areas is  prevented by t h e  l o w  pressure environment. 
feed l i n e  may be u t i l i z e d  t o  prevent rec i rcu la t ion  of t he  other propel lant  
during t h e  s t a r t  sequence and t o  allow safe ground tes t ing .  

The purpose of the p r e f i r e  purge i s  t o  eliminate 

I n  a space environment, t h e  presence of any f l u i d s  i n  these  
A purge i n  one propel lant  

Chilldown is  required i n  c e r t a i n  cases. F i r s t ,  where turbopumps are used, a 
chilldown i s  required t o  insure  tha t  t h e  propellant a t  t h e  inducer blades i s  
a t  design tmpera tures .  
inducers when power i s  applied t o  t h e  pumps. 
cooled thrus t  chamber is  used, and if the re  i s  a phase change of the  propel lan t  
i n  t h e  tube bundle, a chilldown i s  sometimes required t o  provide a repeatable  
f l o w  buildup i n  t h e  coolant jacket and provide adequate cooling during engine 
s t a r t .  

This i s  necessary t o  prevent cavi ta t ion  of t h e  
Also,  where a regeneratively 

a 
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Turbine Power (Pump-Fed Systems Only). 
a f t e r  l iquid propel lants  under design conditions of temperature and pressure 
a r e  i n  t h e  turbopumps. 
by a gas generator, e i t h e r  monopropellant o r  bipropellant,  by a tapoff  of 
t h e  main combustion chamber, or by a topping cycle. 
the turbine may be accomplished by any of t he  following s ta r t  methods: 

Turbine power may be applied only 

A s  described earlier,  tu rb ine  power may be obtained 

In i t i a l  s t a r t i n g  of  

1. Tank head 
2. Star t  tanks 
3. Gas spin 
4. Solid propellant spinner s* Auxiliary gas generator, e i t h e r  bipropel lant  o r  

monopropellant 

The associated weights and r e l i a b i l i t i e s  of t h e  above systan applied t o  a 
t y p i c a l  extraterrestrial  landing propulsion engine are shown i n  Table 
As seen from t h e  table, t h e  l i g h t e s t  and most r e l i ab le  system f o r  each 
type turb ine  drive is  obtained by a tank head s tar t .  Suf f ic ien t  cause 
m u s t  exist befbrc another type of s t a r t  system i s  selected. 
reasons f o r  inadequacy of a tank head s tar t ,which is  characterized by a 
relatively slow thrust buildup (on order  of two seconds): 

16. 

Among poss ib le  

1. Xhergency fas t  s ta r t  requirement af ter  propel lants  are settled. 
May be required i f  engine-out capabi l i ty  is accomplished by a 
s tandty engine and required response i s  determined t o  be  l e s s  than 
zva i lah le  from tank head. 
Thrus t  buildup impulse tolerance i s  beyond capab i l i t i e s  o f  re la t ively 
s l o w  start .  
Combustion s t a b i l i t y  i s  inadequate f o r  relatively s l o w  buildup. 
However, s ince landing engines require  a var iable  t h r u s t  range, a 
s t a b l e  combustion regime i s  required over a wide range o f  t h r u s t  s o  
t h a t  s t a b i l i t y  i s  assured during .most of t h r u s t  buildup. 

2. 

3. 

Where no pos i t i ve  expulsion tanks are  used, t h e  poss ib i l i t y  exists t h a t  both 
l i q u i d  and gaseous propellants will be admitted t o  the  engine. 
occur when s t a r t i n g  the  pressure-fed t h r u s t  chamber o r  when operating a main 
o r  auxi l iar-  t h r u s t  chamber of a pm.p-fed system t o  provide a s e t t l i n g  th rus t .  

This w i l l  

The effect of t h i s  gas phase on t h e  i g n i t i o n  and operating cha rac t e r i s t i c s  
of t h e  engine must be evaluated. 
phase propel lant  w i l l  not i n  i t s e l f  -,revent i gn i t i on  &ere it would normally 
occur. 
decreased v i t h  higher gas p a r t i a l  pressure,  Reference 26. I n  other  words, 
t h e  presence of a gas phase will inproTre t h e  ign i t i on  cha rac t e r i s t i c s  of a 
given propel lant  combination. 
r a t i o  due t o  t h e  propellant density change. 
cause wide  variance i n  ign i t jon  charac te r i s t ics ,  ccrnbustion tcnperature, 
molecular weight, iqeight flow rate, t h r u s t ,  and spec i f i c  impulse. 

Generally speaking, the  presence of a gas 

r n  f ac t ,  a l l  t e s t s  and theory ind ica te  t h a t  t h e  ign i t i on  delay is 

Superimposed i s  the  e f f ec t  of sh i f t i ng  mixture 
The mixture r a t i o  s h i f t  will 
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TABLE 16 

Estimated S t a r t  System 
Re l i ab i l i t y  Weight, pounds 

Bipropellant GG 

Tank Head 
S t a r t  Tanks 

02/H2 
Rechargeable 1 s t a r t  

Nonrechargeable 6 s t a r t s  
4 s t a r t s  

:@; 
Rechargeable 1 start 

4 starts 
Nonrechargeable 6 s t a r t s  

Gas Spin 
Rechargeable 1 start 

Nonrechargeable 6 starts 
4 starts 

Monopropellant Mi s t a r t  

Solid Spinner 

Nain Chamber Tapoff 

Tank Head 
Gas Spin S t a r t  

Rechargeable 1 s t a r t  

I!onrechar&eable 6 starts 
4 s t a r t s  

Solld Cartridges 
Monopropellant GG 

0.9773 

0 . 9767 
0.9767 
0.9768 
0.9768 

0 . 9767 
0.9767 
0.9768 

0.9650 

0.8838 
0 . ?a23 

0.9821 
0 2 8 2 0  

0.8721 
0.9822 

6.0 
18.5 
27.8 
32.0 

15. 
50 
75 

69.9 
265.0 
394.5 

36.6 

131.0 

7h.9 

399.5 
270.0 

180.0 
53.2 

* Gaseous 
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The var ia t ions  i n  thrus t  chamber operation f o r  two-phase O& i n  a pressure- 
fed engine is shown i n  Figure The assumptions made i n  der iv ing  t h e  d a t a  
f o r  t hese  curves are: 
which are supplied by tanks with equal pressures; f l u i d  discharge coefficier. ts  
a r e  constant and independent of flowrate; flow area f o r  two-phase flow i s  t h e  
sum of flow area of the  gas plus t h e  flow area f o r  t h e  f lu id .  
phase prcpellar?+ys are r?ssmed t o  be i d e a l  gases.. 

7 . 
nominal engine operation i s  wi th  l i qu id  propel lants  

A l s o ,  t h e  gas 

The nominal engine parameters chosen f o r  t h i s  study are: 

Propellants OXyg en/Hybogen 
Mixture Ratio Oxidizer/Fuel 5.0 
Chamber Pressure 100 p s i a  
Tank Pressure 165 p s i a  

7 As seen from Figure 
n o t  grea t ly  affect  engine thrust ,  and t h e  thrus t  i s  nearly l i n e a r  with oxygen 
quality. 
discrepancy due t o  t h e  var ia t ion  i n  t h e  gas specif ic  heat  r a t i o  amounts t o  
less than 5 percent. 

Consideration of noncryogenic propellants, i n  t h i s  case NTO/MMH, f o r  a pressure 
fed engine leads t o  a somewhat d i f f e ren t  result than obtained wi th  cryogenic 
combinations. Gas phase propellants Will not occur i n  non-cryogenic systems 
as t h e  temperatures required for vaporization are prohibi ted by safety con- 
s iderat ions.  However, if no pos i t ive  expulsion tanks are used, t h e r e  exists 
t h e  poss ib i l i t y  t h a t  entrained pressurant gases w i l l  pass  through t h e  injector .  
Since these  gases are generally i n e r t ,  t h e  e f fec t  on chanber performance 
is  different  than  f o r  vaporized propellants.  Complete d e f i n i t i o n  of t he  stable 
combustion parameters over the  e n t i r e  range of possible  condttions i s  not 
easily a t ta ined  and is  not covered here. 
defined. 

f o r  t h e  02/H2 combination, t h e  hydrogen qua l i ty  does 

Thrust i s  essent ia l ly  direct ly  related t o  chamber pressure;  t h e  

However, general  parameters can be 

For  t h e  case of l iquid f u e l  combjned i n  the chamber with only oxidizer  tank 
pressurant  gas admitted through t h e  oxidizer feed l ine ,  t he  chamber tanperature  
idea l ly  will drop below t h e  f r e e z i n g  tmpera tu re  of the  fue l .  
t i g a t i o n  ind ica tes  t h a t  t h e  clianber pressure w i l l  be approximately 2 psia,  
although the  influence o f  several  var iab les  canr.ot be prec ise ly  determined. 
Among them are t h e  time t rans ien ts  required t o  transform t h e  phase of t he  fue l ,  
and t o  t r ans fe r  heat from t h e  surroundings t o  t h e  conbustion chamber gases. 
Similar r e s u l t s  are  obtained i n  analyzing l iqu id  oxidizer  with f u e l  tarik 
pressurant gases supplied through t h e  f u e l  feed l i n e .  
2-psia chamber pre.csure, the  time required f o r  s e t t l i n g  tne  propel lants  is 
less than 10 seconds. 

Preliminary inves- 

I!owevcr, even with only 
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The data presented i n  Figure 
inges t ion  over a l imited range of conditions. 
N T O m H  arid t h e  pressurant was assumed t.n be icert. 
parameters chosen were: 

8 show t h e  effect  of i n e r t  pressurant gas 
The propel lants  used are 

The nominal engine 

Mixture r a t io  1.5 
Chamber pressure LOO p s i a  
Tank pressure 165 p s i a  
Fluid temperatures 60 F 

Igni t ion.  The method of i gn i t i ng  propellants affects t h e  r e l i a b i l i t y  of t h e  
propulsion system. 
as many as seven times so  t h a t  t h e  ign i t ion  method must be able t o  be reused 
an equal  number o f  times with high r e l i a b i i i t y .  
include a l l  systems current ly  i n  USE i n  l i qu id  propel lant  rocket engines and 
a l l  those  known t o  have been considered by Rocketdyne. 
of each type, as applied t o  a space mission with many restarts, is included. 
Primary enphasis is placed on thrust  chambers i n  t h e  20,000 t o  300,000 pounds 

An extraterrestrial landing engine is required t o  start  

The following i g n i t i o n  methods 

A brief descr ipt ion 

t h r u s t  range. 

Hypergolic Propellants: (Figure 9 A  1. When the  cherr,ical p roper t ies  of 
a 

a propel lan t  combination are such tha t  under normal ambient conditions t h e  ~- 

cmbina t ion  will chemically reect without t h e  addi t ion  of ex te rna l  energy o r  
t h e  presence of any par t i  cular foreign material, t h e  cmbina t ion  i s  sa id  t o  
b e  h~ypergclic. 
system is required. 

\hen a hmergolic prcpellsrit c o ~ K n s t f o n  is =sed, iio ignit ion 
N T O h I H  i s  an example of a hypergolic propel lant  cmbinat ion.  

Propel lant  Additives tlhich Cause Hy-pergolicity: Figure 9A ) Chemical 
compounds may sometimes be added t o  one propel lan t  of a combination t o  cause 
t h e  combination t o  be hypergolic. 
has been used w i l l  be termed a r t i f i c i a l l y  hypergolic. 
addi t ion of Ozone Fluoride t o  oxy  en causing t h e  combination of l i qu id  oxyged 
l iqu id  hydrogen t o  be hy-pergolic f Reference 25 ). 

A propellant combination i n  which an addi t ive  
An example of t h i s  is  t h e  

Auxiliary Star t  Tank of Hypergol Propellant: (Figure 9P ). This system 

The auxiliary hypergol i s  admitted i n t o  t h e  th rus t  chamber 
uses  an aux.iliary supply of a l iquid propellant which i s  hypergolic with t h e  
oxid izer  o r  fuel .  
j u s t  p r i o r  t o  one propel lant  and creates a heat source which cmses i g n i t i o n  
of t h e  f u e l  and oxidizer. An example of t h i s  type system i s  shown i n  Figure 

wherein t h e  addi t ion of Fluorine p r i o r  t o  hydrogen i n  an 02/H2 systgn 
reacts with t h e  oxidizer t o  provide t h e  ign i t i on  source (Reference 27). 

Hypergol C-artridge: (Figure >. This sys ten  i n  p r inc ip l e  is i d e n t i c a l  
t o  t h e  auxi l iary hypergol s t a r t  tank. 
d j s p l a c m e n t  tank holding only suff ic ient  hypergo1 f o r  a s j n g l e  s ta r t .  
mul t ip le  s tar ts  e i t h e r  mult iple  cartridges must be used, o r  a r e f i l l  operat ion 
must he included f o r  each starb. 
belng used on the  Atlas and Saturn engines f o r  s jng le  starts. 

The ca r t i r i dge ,  however is a pos i t i ve  
For 

The car t r idge  type system i s  cur ren t ly  
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Linked Valve 
Main Oxidizer 

a 
Valve Main Fuel 

HjTergolic Propellants A 

Hypergol Tank 

Main Oxidizer 

Auxiliary Start Tank of 
Hypergol Propellant B 

Hypergo1 Cartridge Burst 

Figure 9. Propcl l n n t  Ign i t ion  Methods 
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a 
(Exciter) (Start Power) Main Oxidizer 

Valve r-- 
1, Main Fuel  

Main Fuel  Main Oxidizer Valve 

I 

Augmented Elec t r ica l  Spark Direct Catalyst  

Main Oxidizer 
Valve 

Augmented Catalyst  
Solid Grain 

Hot Gas Duct F rom Other 

Pyrotechnic Igniter Hot Gas 

I 

' Figure 9. Propellant Ign i t ion  Method8 
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Direct  E lec t r i ca l  Spark: ( f igme  90). This igniter provides an 
e l e c t r i c a l  spark which supplies energy t o  the mixed propel lants  causing 
t h e i r  igni t ion.  
addi t ional  plumbing o r  par t icu lar  propellant feed sequencing (Refereme 28) . 
It is necessary t o  provide a combustible mixture i n  the vicinity o f  the 
spark discharge. 
chai3er o r  i n  the iiijecbr o r  sometiiiies recessed i n  t h e  injec'dr 5x1 order 
t o  o b t a h  t h i s  mix-ture consistently. 
being used on the F-1 and 5-2 gas generators and the P r a t t  and Whitney 
RL-10 engine which have nominal flowrates i n  the rar,ge of a few pounds to 
severa l  hundred pounds per  second. 

The d i r e c t  spark ign i t ion  s y s t e m  does not require any 

The spark igniter may be located on the  side of the 

Direct spark ign i t i on  i s  current ly  

Augmented E lec t r i ca l  Spark Igniter:  (Figure 9 9 .  This system 
ignites a small combustor which i s  generally recessed i n  the  in j ec to r  
face. 
pe l lan ts .  
aux i l i a ry  chamber p r io r  to main thrust chamber propel lant  flow. 
spark igniter is used on Rocketdyne's 5-2 engine which operates at a thrust 

This small combustor then ign i tes  the main combustion chamber pro- 
Separate propellant valves are used t o  supply propel lant  to the 

An augmented 

of 200,000 pounds, 

Direct Catalyst: (figure 9q.  The d i r e c t  catalyst bed is  located 
d i r e c t l y  i n  o r  adjacent to the main combustor. 
the  propel lants  as they a r e  supplied by the main propel lant  valves. 
RockeMyne is t e s t i n g  Palladium coated alumina p e l l e t s  f o r  i gn i t i on  of oxygen/ 
hydrogen (Reference 29). 

Augmented Catalyst: 

The d i r e c t  catalyst i g n i t e s  
Currently, 

0 

(Figur e - ?G), Analogous t o  the  augmented e l e c t r i c a l  
spark discharge, the  augmented ca ta lys t  igniter requires separate propel lant  
feed l i n e s  and valves. 
main combustion chamber where, once the igniter flame i s  established, main 
propel lants  a r e  admitted and main chamber igni t ion takes place, 

The augmented catalyst i g n i t e r  propellant f lows  to the 

F'yrotechnics: (Figure PI!). These small so l id  propel lant  grains are 
ign i ted  generally by an e l e c t r i c a l  bridge wire and as they burn, provide heat  
t o  i g n i t e  the main propellant flow. 
engine start. 
Atlas engines f o r  single starts. 

Separate grains must be used f o r  each 
Pyrotechnic ign i te rs  have been used on the Thor, Jupi te r  and 

Hot Gases From Other Sources (F igure  9I).  Igni t ion  of any combustible - 
mixture of  propel lants  can be in i t i a t ed  by means of a su i tab le  energy source. 
Suff ic ient  heat  is sometimes available from an  auxiliary piece of equipment, 
e i t h e r  an a l t e rna te  engine o r  perhaps the gas generator of an auxi l ia ry  power 
uni t .  
is to be igni ted  t o  allow fo r  thermal l a g  i n  the hot  gas feed l i nes ,  

This hea t  source must be available p r i o r  t o  the time the thrust chamber 
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)hen considering the  ign i t i on  methods applicable t o  a space system requir ing 
many restarts,  such as would be typ ica l  of eu t ra te r res t rSa1  landing engines, 
t h e  use  of pyrotechnic o r  hypergolic car t r idge  i g n j t e r s  can be eliminated 
due t o  the  l a r g e  number of ccmponents required and t h e  resu l tan t  low r e l i a b i l i t y .  
The duty cycle of t h e  engine would not be the  same as any other  engine s o  t h a t  
a hot gas source would not always be ava i lab le  f o r  i gn i t i on  when required. O f  
t h e  remaining i g n i t i o n  methods, the choice must be based on re l izb i l i ty ,  weight, 
ava i lab i l i ty ,  and ease of development. 
i s  obtained with hypergolic propellants, e i t h e r  norma: ly or  a r t i f i c i a l l y  hyper- 
golic. Additives which cause hy-pergolicity, however, are not current ly  i n  use  
and must be developed before being recommended. A comparison of Figures 9Dand 
9Eshows t h a t  t h e  augmented spark system has no advantage over a d i r e c t  spark 

method (so long as t h e  direct  spark supplies suff ic ient  energy f o r  i gn i t i on )  
and wi l l  not  be considered further,  
i g n i t e r  (Figure 9G) shows l i t t l e  advantage over t h e  d i r ec t  catalyt ic  i g n i t e r  
(Figure 
augmented methods offer are realized i n  la rge  engine systems where t h e  i g n i t e r  
power f o r  a d i r e c t  spark systan would be prohib i t ive  and t h e  d i f f i c u l t y  of 
developing a l a r g e  effect ive direct  ca t a lys t  configuration 5s not  warranted. 
The auxiliary s tar t  tank of hypergolic propel lants  which must be fed  i n t o  t h e  
cmbust ion chamber i n  t h e  correct  sequence is shown i n  Figure 9B . The com- 
p l ex i ty  of t h i s  system is grea ter  than t h a t  of t h e  d i r e c t  c a t a l y t i c  i gn i t i on  
method so t h a t  t h e  r e l i ab i l i t y  of the ca t a ly t i c  method would be s ign i f i can t ly  
higher. 
g rea t e r  than t h e  weight of  t h e  ca ta ly t ic  system. 

The best engine system of those considered 

Similarly,  t h e  augnented c a t a l y t i c  

9F) and need not be considered further.  The advantages t h a t  t h e  

Also, t h e  weight of  thestored hy-pergol propel lant  system would be 

The above brief comparison m a y  be represented on a r a t ing  chart .  
i gn i t i on  systems f o r  advanced and current engine.systens respect ively are 
indicated i n  Table 17 by t h e  subtotal  and t o t a l  points  scored. 

The preferred 

For an advanced e x i n e ,  the  preferred ign i t i on  systems as indicated by t h e  
subto ta l  scores  are? 

1. Hypergolic propel lants  - Figure 9A 
2. Catalytic Ign i t e r  - Figure 9F 
3 .  Direct spark i g n i t e r  - Figure 9D 

For a current engine program, the preferred ign i t ion  systems as indicated by 
t h e  t o t a l  score i n  Table 17 are: 

1. Direct e l ec t r j ca l  spark 
2. Auxi l ia ry  tank of hypergo1 
3 .  Direct catalyst  
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Review of Advanced Engine IgnitionMethods. The p r inc ipa l  concern of t he  
present study was advanced e9gines. The following discussion reviews t h e  
th ree  ign i t i on  methods se lec ted  as best su i t ed  t o  advanced extraterrestrial 
landing engines. 

Hypergolic Propellants.  The p r inc ipa l  advantage of a hypergolic pro- 
pellant. cmbinat.icrn is t h a t  it. enjoys a r e l i a b i l i t y  advantage over other  
systems s ince  no components or  system operations need. be added t o  obta in  
ignit ion.  
i gn i t i on  process as discussed i n  Reference 26 . Propellant heating due 
t o  heat soak from t h e  chamber t o  the feed l i n e s  increases t h e  propel lant  
vapor pressure and thereby improves t h e  i g n i t i o n  process as ir.dicated by 
a reduction i n  t h e  i g n i t i o n  delay time, (Reference 
which could adversely affect t h e  ign i t ion  process with hypergolic propel lants  
i s  t h e  ingest ion of i n e r t  pressurant gas. 
of t h i s  effect  i s  not  present ly  available. 
mally hypergolic and follows t h e  c r i t e r i a  defined above. 

The e f f ec t  o f  a vacuum environment i s  not detr imental  t o  t h e  

26). A consideration 

Information regarding t n e  s ign i f icance  
The combination of NTO/MMH is  nor- 

A r t i f i c i a l l y  tqypergolic propellants are cur ren t ly  be?’ng studied a t  Rocketdyne 
and elsewhere. Primary consideration i s  being given t o  t h e  02/H2 combination 
sjnce t h i s  combination has a d i s t i n c t  performance advantage over noncryogenic 
propel lants  f o r  most missions. Current t e s t i n g  has indicated t h a t  0.1 weight 
percent ozone f l u o r i d e  (O3F2) when added t o  l i qu id  oxygen till cause t h e  
Combination of 02/H2 t o  be hypergolic (Reference 25). Further  work is  
required t o  def ine  minimum requirements of O3F2 percentage and t o  define 
s t o r a b i l i t y  l imi ta t ions .  
hypergolic propel lant  can be expected t o  benave i n  a manner s imi l a r  t o  the 
normally hypergolic combinations; t h a t  is, heat and vacuum will not  adversely 
affect t h e  ign i t i on  process. 

Although not  yet substantiated,  t h i s  a r t i f i c i a l l y  

Direct Spark Igni t ion.  The appl icat ion of energy by a d i r ec t  spark 
i g n i t e r  will i y n i t e  a nonhypergolic propel lant  combination. 
vacuum environment will not affect  t h e  ign i t i on  of 02/H2 s ince  t h e  atmos- 
phere surrounding t h e  spark discharge will be created ar;d defined by t h e  
propel lants  fed in to  t h e  combust5on chamber and will not be a f fec ted  by 
ex terna l  ambient conditions of pressure and temperature. Development of 
t h e  d i r e c t  spark ign i t i on  systen is required f o r  each in j ec to r  configuration 
t o  obtain a combustible gas phasemixture i n  thc  I i c i n i t y  of t h e  spark d is -  
charge. Supporting components are required t o  convert t he  engine s t a r t  
s ignal ,  generally 24 v o l t s  dc, t o  energy useful i n  creat ing a spark (Reference 
28 >. These components, nanely a spark e x c i t e r  and monitor, d e t r a c t  from 
system r e l i a b i l i t y  and require  environment cont ro ls  which add complexity t o  
t h e  engine system. 

I n  general, a 

The d i r ec t  spark i g n i t e r  system has been used on t h e  5-2 
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gas generator and on t h e  P r a t t  and GJNtney RL-10 t h m s t  chamber. 
The i g n i t e r  of t h e  RL-10 is  recessed i n  t h e  in j ec to r  face,  but no added plumb- 
ing i s  used ar.d therefore  it is c lass i f ied  a s  a d i r ec t . spa rk  system. 

CataPj t ic  Ignition. 
by t h e  presence of  a ca ta lys t .  I n  t h i s  discussion, ca t a lys t  w i l l  be used i n  
a broad sense inciuding both materiais which may be consumed by the  ign i t i on  
and combustion prccess and those materials which are not consumed. 
a ca t a lys t  f o r  02/H2, Figure 
29 
should not adversely a f f e c t  t h e  igni t ion process. 
ac t s  a s  a ca ta lys t  f o r  02/H2 is Palladium coated alumina pe l le t s .  
i s  required before t h i s  system can be considered avai lable  f o r  use. 
a t ions  which need t o  be investigated include e f f ec t  of contaminants and t h e  
magnitude of i gn i t i on  response time. 

Reaction of nonhypergolic propellants may be. induced 

Work on 
10 , is  i n  progress a t  Rocketdyne (Reference 

. 

). Here again, t h e  e f f ec t  of ambier;t pressure and increased temperature 
A candidate material which 

Further work 
Consider- 

Comparing t h e  l a s t  t w o  of t he  above methods arid assuming t h e  e l e c t r i c a l  power 
t o  be free, tha t  is, no weight penalty incurred due t o  t h e  power requirements, 
the  complexity of  t h e  spark ign i t e r  system which includes spark.device, wiring, 
spark exci ter ,  monitor and power supply, precludes i t s  choice over t h e  c a t a l y t i c  
i g n i t e r  f o r  an advanced engine. 

In  summary, t h e  bes t  ign i t ion  method f o r  an advanced space engine with a la rge  
m b e r  of starts is, i n  order of decreasing des i rab i l i ty :  

0 

1. Hypergolic propellants which a r e  e i the r  normally hypergolic o r  with 
addi t ives  which cause a r t i f i c i a l  hypergolicity. 

2. , C i r e c t  catalytic i g n i t e r  

3. Augmented c a t a l y t i c  o r  d i r ec t  spark 
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APPENDIX D 

LANDING GEL? SYSTEYS FOR EXTRA’EWESTRIU LAXDING VEHICIES 

SlXlUllam 

A design study of landing gear systems f o r  e x t r a t e r r e s t r i a l  landing 
vehicles  was prfonned  t o  define the requirements of touchdown devices, 
t o  determine the weights of various laqding gear ccnfigurations and t o  
s e l e c t  the system best  su i ted  t o  the lunar  landing mission. 
under consideration had a high center of grav i ty  i n  coirrparison t o  its 
base diameter, representative of a vehicle which includes an expended 
propulsion system; this geometry causes a pronounced t ipp ing  i n s t a b i l i t y  
t o  e x i s t  upon impact. 
necessary t o  place the landing fee t  a t  large radial dis tances  from the 
vehicle,  thus m a k i n g  t h e  s t ruc tura l  weight of the landing gear much 
heavier than t h a t  of the energy absorber. 
t h i s  inves t iga t ion  is t h a t  the energy absorbed per unit mass is n o t  the 
most important f a c t o r  i n  select ing the energy absorber, and other 
considerations such as packaging and reuseabi l i ty  can be consideRd t o  
be equally o r  more important, 

The t o t a l  weight of the landing gear system raiiged between 3 and 9 
percent of the gross  weight of the vehicle. Increasing o r  dec reashg  
the impact veloc i ty  caused corresponding changes i n  the  landbg gear 
weight.. TSlrsc d i f f e ren t  energy ;?bscrbrs,  the h y d r a l a c  cyl.iz&r, 
f rangib le  tube, and crushable metal honeycomb were consideEd so t h a t  
t h e  e f f e c t  of varying the energy absorber on t o t a l  landing gear weight 
could be assessed. For long stroke landings (i,e., a t  high impact 
veloci- t ies  and lm decelerat ion rates) the f rangible  tube is superior  t o  
the hydreulic cylinder. For shorter stroke applications,  the two are 
a p p r o h a t e l y  equal, the hydraulic cyl inder  having the advantage of 
rey?e ated landing capabi l i ty ,  

The vehicle 

To counteract the tipping i n s t a b i l i t y ,  it w a s  

An important conclusion of 

0 

Discussion 

General Design Considerations. 
has been shown i n  invest igat ing and developing energy absorbing devices 
su i t ab le  f o r  use i n  landing gear systans. I n  cont ras t  t o  such conven-, 
t i o n a l  devices as  hydraulic cylinders and dry f r i c t i o n  brakes, more 

I n  recent  years, considerable i n t e r e s t  
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novel and unusual mechanisms have been developed such as crushable metal 
o r  f ibrous honeycomb, crushing balsa wood, cold-working or  s t r a in ing  a 
metal, f rangib le  tubes, and air  bags. 
gations i n  t h i s  area has usually been directed towards increasing t h e  
energy absorption per u n i t  mass o f  t h e  energy absorber. The ove ra l l  
design and packaging of t h e  landing gear and t h e  s t a b i l i t y  of the vehicle- 
landing gear systen upon impact was usually secondary i n  importance. I n  
those  s tudies  which did consider landing s t a b i l i t y  upon impact, t h e  vehic le  
was assumed t o  have low center  of g rav i ty  (cg) i n  comparison t o  i t s  base 
diameter ,  a r a t i o  of 0.2 being typ ica l  ( R e f e r e n c e 3  31, 32, and33). 

The primary i n t e r e s t  of invest i -  

For e x t r a t e r r e s t r i a l  landing vehicles which make a retrorocket-powered 
descent, a low cg configuration is unl ikely s ince a t  impact, t h e  lower 
sec t ion  of t he  vehicle  w i l l  consist primarily of empty tankage, 
cen te r  of gravi ty  height-to-base diameter r a t i o  f o r  such a c r a f t  might 
be approximately 2, an order of magnitude l a rge r  than t h e  r a t i o  previously 
mentioned. 
only be counteracted by placing the landing feet  a t  la rge  r a d i a l  dis tances  
from t h e  vehicle. 

A 

A severe i n s t a b i l i t y  problem w i l l  e x i s t  upon impact which can 

For such a configuration, it would be  expected t h a t  t h e  s t r u c t u r a l  weight 
of t h e  landing gear system would become la rge  i n  comparison t o  that of 
t h e  energy absorber. 
with the  placement and u t i l i za t ion  of t h e  d i f f e ren t  energy.absorbers. 
Included were such considerations as t h e  t ipping s t a b i l i t y  of t he  vehic le  
upon impact, t h e  e f f ec t  of t h i s  fac tor  upon landing gear weight, and t h e  
value of using very high performance energy absorbers as opposed t o  more 
conventional devSces , 

Therefore, t h e  present study was concerned primarily 

The approach u t i l i z e d  was t o  choose a pa r t i cu la r  landing vehicle  and 
formulate a series of landing gear designs, varying such parameters as 
t h e  deceleration rate, t he  type of energy absorber, and t h e  impact velocity. 
Although the vehicle  geometry and landing environment a r e  also var iab les  
which strongly influence t h e  weight and performance of t h e  landing gear, 
they were not changed; it was f e l t  t h a t  t h e  vehicle and landing mission 
chosen were t y p i c a l  of ex t r a t e r r e s t r i a l  landings i n  which the vehic le  makes 
a re t rorocket  powered descent. 
respect  t o  weight reduction; only a f e w  values f o r  each parameter were 
chosen. However, su f f i c i en t  resu l t s  were obtained t o  demonstrate trends 
and t o  permit general  conclusions t o  be drawn. 

The designs were not f u l l y  optimized with 

To obtain an ind ica t ion  of t h e  performance capab i l i t i e s  of  a f r i c t i o n a l  
energy absorber, t he  temperature r ise  was computed f o r  d i f f e ren t  energy 
abosrbing mat..rials having a mass equal t o  one percent of t h e  gross weight 

68 

FORM bOQ.8 ( L E V C L R I  REV.  1 58 



&?EQtcIE< ET Xf37WFbl E 
A D I V I S I O N  OF N O R T H  A M E R I C A N  A V I A T I O N  INC 

of t h e  vehicle.  
The r e su l t an t  tmpera tu re  increase f o r  various mater ia ls  i s  shown i n  
Table 18. The average temperature increase i s  very small, indicat ing 
t h a t  t h e  mater ia l  is being used a t  wel l  below i ts  ult imate energy-absorbing 
capacity. 
made while s t i l l  imparting t h e  same energy t o  t he  various materials.  

An impact velocity of 20 ft/sec was chosen a s  typ ica l .  

Weight reductions of perhaps em orders of magnitude could be 

TABLE 18 

Material 
O i l  
A l u m i n u m  
S ta in l e s s  S t e e l  
Asbestos 

Temperature Rise, F 
2.04 
3.91 
6.85 
4.25 

Although f r i c t i o n a l  energy absorption makes very e f f i c i en t  use  of t h e  
energy absorbing material, it is probably not much more than an order 
of magnitude b e t t e r  i n  t h i s  respect than  more conventional, lower per- 
formance systems. Thus, f o r  moderate impact v e l o c i t i e s  ( i n  t h e  neighbor- 
hood of 20  f t / s ec )  it is evident t h a t  t h e  weight of most energy absorbers 
need not  be a l a rge  f r ac t ion  of t h e  landing gear weight. Considerations 
such as packaging and deceleration cha rac t e r i s t i c s  can be used f o r  t h e i r  
selection. 

Landing Mission. 
c r a f t  landing on t h e  moon. 
t e r r a in ,  and landing are given i n  Table 

The landing mission chosen f o r  t h i s  study was  a space 
The important charac te r i s t ics  of t h e  vehicle, 

19. 

TABLE 19 

Vehicle Character is t ics  

Weight 
Height 
Height of t h e  c.g. 
Base Diameter 
Moment of I n e r t i a  about the cg 

Terrain Character is t ics  

Ground Roughness 
Slope 
Local Gravitational Constant 

30,000 pound mass 
30 feet 
20 feet 
1 2  feet  
0.5 107 1h-d 

+, 4 inches 
6 degrees maximum 5.35 ft/sec 2 



ROCH(ET3D\TNE 
A D I V I S I O N  OF N O R T H  A M E R I C A N  A V I A T I O N .  I N C  

TABLE 19 - Continued 

Landing Parameters 

Ver t ica l  Impact Velocity 
Horizor?+,al h p a c t  Veloctty 2 ft/sec 
M a x i m u m  Deceleration 
Maximum Onset Rate of  
Deceleration 1500 g/sec 

10 t o  50 ft/sec 

5 t o  10 g 

The various parameters of the  landing mission, although selected somewhat 
a r b i t r a r i l y , '  are considered t o  be t y p i c a l  of most extraterrestrial landings. 

Design and Packaging of the Landing Gear. 
f o r  t h e  landing gear  consis ts  of a t r ipod,  t he  fee t  of which are t i e d  

The bas ic  configuration chosen 

toge ther  by a s tee l  guy wire. Each l e g  consis ts  o f  two struts which contain 
t h e  energy absorbing elements and which becme compressed upon impact of t h e  
vehic le  with t h e  te r ra in .  The s t ruc ture  is  nonredundant and should be able 
t o  withstand s izeable  sideward loads during impact without buckling. 

An Lnprovanent upon the  t r ipod configuration shown i n  Figure 
Figure 
other, making a six foot  landing pattern.  
r e s i s t a n t  t o  t i pp ing  than t h e  previous model. A de ta i l ed  veiw of a -hydraulic 
energy absorber mounted i n  place i n  t h e  landing gear is  shown i n  Figure 
For e i t h e r  model, packaging during f l i g h t  can be accomplished by using t h e  
guy wires t o  draw t h e  legs  i n  close t o  t h e  booster which supports t h e  landing 
vehicle.  

Since one of t h e  objects  of t h e  study was t o  evaluate the  Smportance of 
using a high perfonnance energy absorber, t w o  d i f f e ren t  energy absorbers, 
t h e  hydraulic cylinder and frangible tubes, were considered. 
tube, shown schematically i n  Figure l-4 
and 
good cont ras t  t o  t h e  hydraulic cylinder, a more conventional device. 

11is shown i n  
12 . The l a t t e r  design is merely two t r i pods  superimposed on each 

This l a t te r  design i s  much more 

The f rangib le  
and described i n  References 31 

has a very high energy absorption per u n i t  mass and provides a 

When designing t h e  hydraulic cylinder, t h e  o i l  was pressurized t o  a n a i n a l  
value of 300 p s i  and a maximum stress of 30,000 p s i  was imposed on t h e  
ma te r i a l  used i n  t h e  cylinder. 
at tempt was made t o  make t h e  cmpressive s t r e s s  on t h e  tube approximately 
LO percent of t h e  y i e ld  s t r e s s  (Reference 
poss ib le  t o  do t h i s .  
l o c a l  and ove ra l l  buckling constraints were imposed on the  mmbers under 
canpression. 

In t h e  design of . t he  f rangib le  tube, an 

31), although it  was not al-ays 
For both the f rangib le  tube and t h e  hydraulic cylinder, 
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/- Vehicle 
I 

e 

I 

I- I I I Centerlines of 
Energy Absorber Energy Absorbers 

Foot 

Figure 11. Schematic Representation of 
Landing Vehicle With Tripod 

Landing Gear 

Figure 

7 

! 12.  Schematic Representation of 
Landing Vehicle with Dual 
rripod Landing Gear 
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Accumulator Bag 

Oil i n  Cylinder 

Piston with Press 
Relief Valve 

Flexible boot to 
Shield Cylinder 
from Engine Exhausts 

Adjusting Screw 

Stabilizing Guy Wire 

Foot - Spikes 

Figure 13. Detail of Hydraulic Damping Cylinder 
Scale 1 inch equals 20 inches 
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Frangib 
Rrbe 

Curved Port ion  of 
Die Used f o r  Frangmentatihg 
the Tube 

D i e  

8, 

Figure 14. Schematic Diagram of the Frangible=Tube 
Energy Absorber 
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Results of the Design Study 

The r e s u l t s  of t he  design. study are presefited i n  Table 20 and the follow- 
in graphs. 
of f ixed  geometry, the deceleration rate and energy absorber being varied. 
Models E-1, E-2 and E-3 have a tripod configuration with very long legs,  
the feet a t  the ends of the legs  b e b g  placed a t  a large radisl d i s t a m e  
from the vehicle t o  counteract the t ipp ing  i n s t a b i l i t y .  Nodel F is a 
dual t r ipod  configuration such as shown i n  Figure12 and G s e r i e s  models 
are  dual t r ipod models showing the e f f e c t  of varying the impact veloci ty  
w h i l e  t he  deceleration rate and the final landing geometry are held  f h d .  
In Table 20 ,only the G model f o r  a 20 f t / sec  impact ve loc i ty  is  Shawn. 
The var ia t ion  of landing gear weight as a function of  impact v s loc i ty  f o r  
G models i s  s h a m  in F i m  15 , and the var ia t ion  of tube weight and 
compomnt weight respect ively are shown i n  Figures 16 and 17 . 
The benef i t  of using a wry high performance energy absorber depends 
pr imari ly  upon i t s  packaging and the  landing gear geometry. For landing 
gear configurations whose l e g s  are not much longer than the decelerat ion 
length of the vehicle, the  energy absorber w i l l  cons t i t u t e  a la rge  per- 
centage of the t o t a l  weight. Models A through D have such a geometry and 
a subs t an t i a l  weight reduction, when frangible  tube energy absorbers are 
subs t i tu ted  f o r  hydraulic cylinders, i s  shown. 

The first f o u r  models of  the landing gear (A through D) a r e  

0 

When the legs  of t h e  landing gear are made long to assure s t a b i l i t y  
upon impact, the addi t ional  s t ruc tu ra l  weight of t he  l e g s  becomes l a rge  
and makes weight mduct ions of the energy absorber l e s s  important. Models 
E l l  and E-2 which have very long legs  show an increase instead of decrease 
of woight attending the use of a frangible tube energy absorber. T h i s  
increase i s  l a rge ly  contributed by the  d i e  which fragments t h e  tu&. 
Although the weight of the d i e  can probably be reduced considerably by 
skill~zil design ( p e r h a p  the use of coated, aluminum d ie ) ,  the final 
t o t a l  weight of the landing gear system would not  be much less than t h e  
system using a hydraulic energy absorber. 

Crushable, c e l l u l a r  s t ruc tures  such as metal honeycomb have a unique 
packaging advantage since they can be placed on the bottom of the  landing 
f e e t  and u t i l i z e d  d i rec t ly .  
fastened t o  the bottom of the landing f e e t  has a weight on ly  70 percent of 
the model using hydraulic cylinders. 
opt imist ic ,  since it w i l l  be necessary f o r  t h e  honeycomb t o  withstand 
shearing fo rces  upon impact . To keep the decelerat ion cha rac t e r i s t i c s  

Model E-3, which uses metal honeycomb pads 

This weight reduction i s  probably 
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uniform and t o  prevent the honeycomb f rom buckling o r  shearing, ex t r a  
bracing and linkages a re  needed which will decrease t h e  weight savings. 
This will be especial ly  t r u e  if the decelerat ion length is long i n  
comparison t o  the  cross-sectional area of t he  honeycomb. 

It i s  concluded tha t ,  although landing gear weight reductions can be 
accomplished by use of high performance energy absorbing materials,  t h e  
percentage reduction is  usually ra ther  small f o r  p r a c t i c a l  landing gear 
configurations. Thus considerations such as packaging, reuseabi l i ty ,  
and decelerat ion cha rac t e r i s t i c s  may be used f o r  t he  se lec t ion  of t h e  
energy absorber. Although t h i s  conclusion is  drawn spec i f i ca l ly  f o r  
t he  vehicle-landing mission configuration under consideration, it is 
expected t o  apply t o  most missions i n  which t h e  landing vehicle makes a 
re t rorocket  powered descent and where t h e  l o c a l  g rav i t a t iona l  constant 
i s  low. 

When comparing Models A through D, it i s  seen that t h e  deceleration ra te  
does not have a marked effect  upon the  landing gear weight when t h e  l egs  
of t h e  landing gear are not much longer than the  decelerat ion distance.  
This is due t o  the f a c t  t h a t  t h e  weight of t h e  energy absor3er, which 
cons t i t u t e s  a la rge  portion of the l eg  weight, remains relatively insen- 
s i t i v e  t o  t h e  deceleration rate. 
longer than the-decelerat ion length of t h e  vehicle,  t h i s  conclusion is  
not expected t o  hold. For such cases, an appreciable reduction i n  t h e  
weight of t h e  legs  r e s u l t s  f r o m  using lower decelerat ion rates .  

For landing gear systems with legs  much 
0 

A f u r t h e r  advantage of reducing the decelerat ion rate i s  t h a t  t h e  decelerat ion 
length becomes longer i n  comparison t o  f luc tua t ions  
thus increasing t h e  s t a b i l i t y  of t h e  vehicle upon impact. 
concluded that landing gear systems should be  designed f o r  relatively low 
decelerat ion rates. 

i n  the  t e r r a in  height, 
It would thus  be 

The advantage, both i n  terms of s t a b i l i t y  and weight reduction, of using 
a six foo t  landing pa t te rn  a s  opposed t o  a t r ipod is  readi ly  seen by 
comparing Models E-1 and F. 

The impact veloci ty  scal ing study performed on Nodels G showed a moderate 
increase i n  t h e  t o t a l  landing gear weight a s  t h e  impact veloci ty  was increased 
(Figure 15 ). Examination of Figure 17 shows t h a t  t h e  d i e  i s  responsible 
f o r  m o s t  of t h e  weight increase; the weight of the f rangib le  tube remains a 
r e l a t i v e l y  small f r ac t ion  of t h e  to ta l .  It i s  expected t h a t  t h e  weight of a 
hydraulic cylinder would behave i n  s imi l a r  fashion, t h e  weight of t h e  d i e  i n  
Models G representing the weight of  t h e  hydraulic cyl inder  and t h e  f rangible  
tube corresponding t o  the  extra-s t ructural  tube used t o  support t h e  hydraulic 
cyl inder  . 
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As can be seen from Table 20 , a pronounced t ipping instabQity exists upan 
impact. 
unstable a t  impact veloci t ies  of 20  f t / s ec  (Le . ,  they require  horizontal  
ve loc i t i e s  directed uphi l l  t o  maintain s t a b i l i t y )  and t h e  maximum v e r t i c a l  
ve loc i ty  t h a t  can be t o l e r a t e d  by the most  s t a b l e  models i s  only 17 ft/sec. 
For landings on l e v e l  surfaces, a l l  can withstand moderate horizontal  d r i f t  
ve loc i t i e s ,  

For hindleg impact on a sloping t e r r a in ,  a l l  of t h e  configurations are 

T h e  t ipp ing  i n s t a b i l i t y  i s  increased both by thc  very high center of grav i ty  . 
of t h e  landing vehicle  i n  comparison t o  i t s  base diameter and by t h e  low l o c a l  
grav i ta t iona l  constant. For any given e x t r a t e r r e s t r i a l  landing, t h e  s t a b i l i t y  
of t h e  landing vehicle  can only be increased by placing t h e  feet of t he  land- 
ing gear as  f a r  a s  possible from t h e  vehicle and by decreasing t h e  decelerat ion 
rate s o  t h a t  t h e  deceleration length i s  long i n  comparison t o  t h e  te r ra in  
f luctuat ions.  

' 

The weight penal ty  resu l t ing  from making t h e  legs  long i n  comparison t o  t h e  
decelerat ion length is q u i t e  severe, as can be seen by comparing Models E-1 
and E-2 with Models A through E. Decreasing t h e  deceleration rate w i l l  
increase t h e  decelerat ion distance, and hence reduce the  weight of landing 
gear models which have long legs. Decreasing t h e  deceleration rate of t h e  
vehicle  a l s o  increases i t s  landing s t a b i l i t y ,  and is therefore  a very des i rab le  
method of reducipg t h e  landing gear weight. 

0 

CONCLUSIONS 

For landing vehicles  of t he  configuration and mission requirements considered 
i n  t h i s  study, fu r the r  development and invest igat ions of very high performance 
energy absorbers does not appear t o  be j u s t i f i e d  from t h e  standpoint of weight 
reduction. The nonenergy absorbing s t r u c t u r a l  weight of t h e  landing gear is 
usual ly  much l a rge r  than t h a t  of the energy absorbing mater ia l  i n  t h e  energy 
absorber. 
using a more e f f i c i e n t  energy absorber has l i t t l e  e f f e c t  on t h e  t o t a l  weight 
of t h e  landing gear. 

Thus, decreasing t h e  weight of t he  energy absorbing ma te r i a l  by 

In  t h e  design of  a landing gear f o r  a mission such as t h a t  considered, 
p a r t i c u l a r  a t t en t ion  should be paid t o  packaging of t h e  energy absorber. 
For example, by placing aluminum honeycomb on t h e  bottom of t h e  fee t  of t h e  
landing gear of Model E, substant ia l  weight reduction was achieved. 
weight reduction was primarily a resu l t  o f  placing t h e  energy absorber 
where it could be used d i r ec t ly  without t h e  aid of addi t jona l  per ipheral  
hardwar e. 

This 
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a 
Of t h e  many landing gear designs possible, t h e  dua l  t r ipod  configuration 
shown i n  Figure 12 is  recommended. 
la rge  effect ive base diameter, i s  eas i ly  s tored during f l i g h t ,  and can 
take  subs tan t ia l  shear  loads during landing. I n  addition, since t h e  
landing gear struts are under pure compression, they w i l l  require  no 
external  bracing t o  enable then t o  take bending loads. 
wil l  have lower weight than many other designs which have extensive bracing 
and support t o  t h e  load carrying menbers. 

The configuration has a relatively 

Thus, t h i s  design 

I n  t h e  design of a landing gear systesn, pa r t i cu la r  a t t en t ion  should be paid 
t o  t h e  t ipping s tab i l i ty  of t h e  landing vehicle  upon impact. Failure t o  do 
t h i s  i n  t h e  early s t ages  of design can r e s u l t  i n  t h e  se l ec t ion  of configura- 
t i ons  i n  which a heavy weight penalty i s  paid f o r  adapting them t o  meet 
s t ab i l i t y  requirements. 

I n  the landing gear systans i n  which t h e  energy absorber was varied, ne i ther  
t h e  b d r a u l i c  cyl inder  nor t h e  frangible tube seemed markedly superior  with 
respect t o  weight o r  performance. Select ion of e i t h e r  would depend upon t h e  
mission under mnsiderat ion,  t h e  hydraulic cyl inder  being better f o r  repeated, 
shor t  s t roke  landings and t h e  frangible  tube being super ior  when t h e  decelera- 
t i o n  length is  a l a r g e  port ion of t h a t  of t h e  landing gear  s t ru t .  

Care must be used when selecting the frangible  tube. 
da ta  from Reference 33 t h a t  t h e  instantaneous f o r c e  delivered by t h e  f r ang ib le  
tube f luctuates  widely about t h e  mean value, t h i r t y  o r  forty percent being 
typical.  These f luc tua t ions  would send undesirable pulses of fo rce  throughout 
t h e  vehicle body. 
of t h e  frangible  tube becomes sufficiently t h i n  i n  comparison t o  its diameter, 
it will begin t o  r o l l  instead o f  fragmentating. 
metal upon t h e  force-deflection charac te r i s t ics  of t h e  tube a t  t h e  end of a 
long stroke is not k n m .  

It is  indicated by t h e  
a 

Another consideration of importance is tna t  when the wall 

The e f f ec t  of t he  r o l l  of 

An in t e re s t ing  method of decelerating t h e  vehicle  i s  t o  use t h e  separat ion 
s k i r t  between t h e  veh ic l e  and its booster as a crushable landing structure. 
Sirce the  separation s k i r t  would have t o  be car r ied  most of t he  way t o  t h e  
landing point,  it would not be assigned a very l a rge  e f fec t ive  weight f o r  
t h e  landing mission. 
been t rea ted  i n  t h e  preceeding study, i s  already solved. The use  of t h i s  
technique, however, should be investigated f u r t h e r  before it i s  seriously 
considered. 

I n  additiop, the problem of attachment, which has not  

. 
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APPENDIX E 

LUNAR SURFACE STORAGE OF L I Q U I D  PROPELLANTS 

Selected Vehicle Confi_guration 

A preliminary invest igat ion of the  s t o r a b i l i t y  cha rac t e r i s t i c s  of oxygen/ 
hydrogen (02/H2) and fluorine/h:jdrogen (F2/N2) propel lant  systems on a 
lunar  equator ia l  s i te  has been conducted t o  determine p o t e n t i a l  s torage  
problem and indica te  s torage systm weight requirements. 

During lunar surface residence, heat t r a n s f e r  t o  the  propel lan ts  frcxn t h e  
Sun, themoon, and from components of t h e  rocket vehic le  w i l l  r e s u l t  i n  a 
propel lant  pressure and temperature r i s e  f o r  a nonvented system, o r  pro- 
p e l l a n t  boi loff  f o r  a vented system. 

Invest igat ion of a pump-fed propulsion systm using nonvented tanks, because 
of t h e i r  g rea t e r  simplicity,  was  made. 
t h e  propel lant  tavks are sealed and t h e  absorbed heat causes an increase i n  
pressure and temperature of t he  propellants, and thus,  thermal protect ion of 
t h e  cryogenic propel lants  from the adverse heating environment of. t h e  moon is 
required. 
advantage normally associated d t h t h e  use  of high energy cryogenic propel lants  
i s  not  ubtained. 
allowances) must not be exceeded, and t h e  propellant must be maintained a t  a 
temperature (and vapor pressure)  l o w  enough f o r  engine operation. 

For t h e  nonvented s torage  systan, 

0 
If the  thermal protect ion requirements are extensive, t he  p o t e n t i a l  

Propel lant  tank design pressures (d ic ta ted  by tank weight 

The i n t e r v a l  over which a l i q u i d  propellant can be s tored  on the  lunar  sur face  
i s  dependent upon t h e  allowable propellant pressure and temperature r ise (thus, 
t h e  ne t  t o t a l  heat f lux  received during t h e  storage period). 
here in  f o r  t h e  analysis  of propellant s t o r a b i l i t y  permits  t he  calculat ion of 
hea t  t r ans fe r  rates, s torage times, and s torage penal ty  weights (addi t ional  
vehic le  weight incurred i n  maintaining t h e  propel lants  during t h e  s t c a g e  period) 
f o r  thermally protected cryogenic l iquid propel lant  tanks subjected t o  solar ,  
lunar,  and in t ravehic le  heat  sources. 
atmosphere on t h e  moon, thcse  thennal design conditions are determined p r inc ipa l ly  
b: t h e  laws and mechanisms of radiant and conductive heat  t ransfer .  The thermal 
pro tec t ion  systan employed by the  propellant tanks ( s e e  Figurela)  uses  a cylin- 
d r i c a l  s h e l l  of superinsulation, a vehicle skin (outelmost surface of insu la t ion  - 
exposed t o  external  rad ia t ion)  coating f o r  control  of s o l a r  absorpt ivi ty ,  and 
c lose ly  spaced r e f l e c t i v e  surfaces  ( f o i l s )  t o  reduce in t ravehic le  heating. 

The method developed 

Due t o  the  lack o f  any appreciable 
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Figure 18 . Arrangenent of Major Vehicle Canponents 
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As the  moon r o t a t e s  about its own axis i n  i t s  27.3-day Earth o r b i t  cycle, the 
so l a r  heating e f f e c t  var ies  as the  sun passes overhead and vanishes during 
the dark phase of t he  cycle. 
the Sun passes overhead; the temperature increases  as t h e  Sun's rays become 
less nearly perpendicular to the surface of t h e  tank. 
simplifying the thermal analysis, a mean e f f ec t ive  vehicle s ldn temperature 
f o r  n m  cmple t e  lumr cycle was defi~ied fcr use i n  e s t i m t l n g  the hea t  
t ransfer red  fro& the vehicle sk in  to the contained propel lan t  by conduction 
through the insulation. 

A lunar vehicle  having a gross weight of 122,000 pounds, a t o t a l  p rope l lan t  
weight of 61,800 pounds, and payload weight of 50,000 pounds was considered. 
These weights would provide an idea l  ve loc i ty  increment-of approximately 
10,000 f t / sec  (for a lunar takeoff mission), based on a propel lan t  f r a c t i o n  
of 0.86, and a propel lant  spec i f ic  impulse of &O seconds. For the vehicle  
system investigated,  the f u e l  and oxidizer are considered to be contained 
i n  separate  cy l indr ica l  tanks of equal diameter with 2: l  e l l i p s o i d a l  
bulkheads, a combined length to diameter r a t i o  of 1.75, and located below 
and i n  line with the payload as shown i n  Figure 18. (From the  s t a d p o i n t  of 
heat t ransfer ,  the spherical  tank i s  an optimum configuration because of 
ita low surface area to volume ratio; however, a spher ica l  tank o f f e r s  little 
design f l e x i b i l i t y  as compared to a cyl indrica3 tank of equal volume.) 
vehicle was assumed to be s i t t i n g  q r i g h t  on the lunar equator, a$ no 
shadow shielding except that provided by the payload capsule was considered; 
therefore,  the  conditions assumed are severe with respect  to s t o r a b i l i t y  
problems. 

The vehicle sk in  temperature thus va r i e s  as 

For the purpose of 

The 

Propel lant  Storage Analysis 

"he object ives  o f  this study were to evaluate the problem of cryogenic pro- 
p e l l a n t  s torage i n  a lunar environment. 
parameters such as allowable propellant pressure rise (AP) and propel lan t  
tank i n su la t ion  thickness on the storage time, heat inputs ,  and s torage 
p e m l t y  weights were investigated f o r  vehicle  systems using 0 0 2  a t  a 
mixture r a t i o  of 6:1, a d  F f l 2  a t  a mixture r a t i o  of 15:l. 

The influence of various design 

To sinplif 'y the  analysis,  the following bas ic  assumptions were made: 
(1) the  e c l i p t i c  plane and the lunar equator ia l  plane are coplanar, (2) the 
lunar landed vehicle is located on an i n f i n i t e l y  f l a t  plane a t  an equator ia l  
s i te,  (3) the  insu la t ion  is considered t o  have the property of infinite 
lateral  thermal conductivity so that i t s  skin temperature i s  uniform through- 
out ,  (4) the tanks a r e  i n i t i a l l y  perfect ly  insu la ted  f o r  determination of  
the vehicle  skin temperature which is used i n  ca lcu la t ing  the heat t ransfer red  
through the insu la t ion  t o  the  propellant,  ( 5 )  the propel lan t  is a t  a uniform 
temperature, and the propellant tank assumes the same temperature. 
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Heat Sources. The external  sources of heat a re  the  Sun and the moon. Heat 
i s  transferred between these sources and the cryogenic storage system by 
thermal r ad ia t io  
of 44-4 Btu/hr-fX 
period (time betmen lunar sunrise and sunset) .  

S o h r  energy v!-iich is re f lec ted  frm the lunar sqwfnze (albedo) is ass-iieb 
t o  have an average in t ens i ty  of 7 percent (0.07) of the  d i r e c t  solar energy. 
Radiation emitted from the lunar surface ( infrared)  penetrates the  storage 
tanks during the  en t i r e  lunar cycle and is  d i r e c t l y  proportional t o  the  
fourth power of the absolute temperature of the lunar  surface. 

Direct so l a r  energy with an assumed average in tens i ty  2. i r r a d i a t e s  t he  storage tanks during the  lunar daytime 

The intravehicle  sources of heat t o  a propellant are t h e  components adjacent 
t o  the tank such as the  other propellant tank, the  payload capsule (manned- 
assumed 530 degrees R i n  t h i s  analysis) ,  or the rocket engines (assumed 
the  same temperature as the  lunar surface mean tcmpra ture ,  412 degrees R). 
The heat transfer due t o  adjacent components is caused by thermal radiat ion 
and by conduction through s t ruc tura l  members. 
rad ia t ion  is approximately proportional t o  the difference between the fourth 
powers of the  absolute temperatures of the  adjacent component and the  pro- 
pellant.  The rate of heat transfer by conduction is d i r e c t l y  proportional 
t o  the product of temperature difference between adjacent components and 
t h e r m 1  conductivity and cross-sectional a rea  of t he  supporting .member, 
and inversely proportional t o  the length of the support. 

Tne rate of heating by 

0 

Heat Conducted Through Insulation. The surface of the vehicle is 

For a 
considered t o  be the outermost surface of the insulat ion which surrounds 
the  propellant tank and which is exposed t o  external  radiation. 
given propellant temperature, type of insulat ion,  and insulat ion thickness, 
the Fourier heat conduction equation shows t h a t  the instantaneous heat  f lux 
t o  the  propellant is dependent upon the  vehicle skin temperature. 
the insulat ion thickness is small compared t o  the  tank diameter, the heat 
flux through the insulat ion has been calculated a s  f o r  a f l a t  p l a t e  

Because 

Since the vehicle skin temperature var ies  during the lunar cycle, it is  
generally necessar j  t o  compute t h e  heat  f l ux  f o r  small time increments and 
then sum up these heat fluxes t o  approximate the net t o t a l  heat f lux  through 
the insulat ion fo r  the en t i r e  storage period. I n  t h i s  analysis  however, 
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f o r  shp l i f i ca t ion ,  a mean effective vehicle skin temperature representative 
of the complete lunar cycle was determined for  use ' i n  Equation 1 t o  estimate 
the heat f l ux  conducted throu@ the insulation for  the en t i re  storage period. 

For de ten ina t ion  09 the approximate vehicle skin temperature as a function 
of the solar radiation incidence angle (designated time angle, ?), the tank 
ins-fiatbn was ir?i%ial3y assumed *& be I!l!3 percexlt effeetiY8, 
assumption i s  jus t i f ied  by the f a c t  t h a t  the amount of heat  transferred 
through the insulation is much smaller than the total amount impinging upon 
the insulation outer surface. 
necessary f o r  the heat emitted from the vehicle skin to balance the heat 
absorbed, a heat balance on the vehicle skin was performed: 

'LRns 

In  determining the vehicle skin temperature 

Emitted Heat = Direct Solar Heat + Albedo Heat + Intrared Heat (2 1 
The actual form of this equation is  presented as Equation 19 i n  the analysis 
appended t o  t h i s  section, The resulting vehicle skin temperature during the 
lunar daylight period i s  of the fom 

0.25 TM = 100 (153 cos 7 + 1220 s i n 7 )  

(See Equation 20) 

O - T <  

During the lunar night period (interval of d a r b s s  between sunset and sun-. 
r i s e ) ,  the skin temperature of the vehicle is considered to  be constant; 

T k  = 185 degrees R 

(See Equation 21) 

A graphical representation of  the two equations above f o r  the en t i re  lunar 
cycle based on cylindrical  storage tanks (with 0' 
the lunar surface a t  the equator i s  presented i n  
mean temperature of 359 R was determined fo r  the complete cycle as indicated 
by the dashed line, 

= 0.186) located on 
gure 19. A vehicle skin id- 

A graphical representation of the lunar surface temperature as a function of 
its location with respect to the Sun i n  terms of 7 for  the complete lunar 
cycle i s  presented i n  Figure 20. 
surface temperature is  assumed to  be constant a t  220 R. 
temperature for  the complete cycle was calculated t o  be h 2  R and i s  
represented by the dashed line, 

During the lunar night period, the lunar 
"he surface man 
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o . 60 120 180 240 360 
T j m e  Angle T, degrees 

F i p r e  19 Variation of Vehicle Skin Temperature w j  t h  Time Angle 
f o r  One Complete Lunar Cycle (27.3 Earth Days). 
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V 
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Time Angle T, degrees 

Figure 20 . Variation of Moon Surface Temperature with Time Angle 
f o r  One Complete Lunar Cycle (27.3 Ear th  Days) 
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a 
Insulation. The s t o r a b i l i t y  characteristics of a given propel lant  are 

greatly influenced by the type of insulakion chosen t o  cover the tanks, In 
this inves t iga t ion ,  Linde SI-4 insulat ion ( layers  o f  t h in  m e t a l  f o i l s  - re- 
quiring vacuum between l aye r s )  w i t h  an  extremely low mean thermal conductivity 
of 0.000025 Btu/hr-ft-R (160-530 R temperature range) and a densi ty  of 4.7 
lb/ft3 is assumed t o  cover the longitudinal sec t ion  of the tanks. 

Tmk Skin Coating. The rate of  heat absorption by a surface i n  space 
subjected t o  solar r ad ia t ion  i s  strongly dependent upon the so la r  absorp t iv i ty  
and emissivi ty  of the surface. 
absoq- t iv i ty  t o  emissivity r a t i o  (ast,/E.t) to reflect the  majority of 
incoming s o l a r  r a t i a t i o n  and emit the grea tes t  amount of in f ra red  radiation. 
Some cont ro l  of these propert ies  i s  possible  through the use of coatings 
(pa in ts ,  oxides, etc.) 
with an ds t /E t of 0,186 w a s  assumed. 

The surface-propert ies  should have a &m - 

For the vehicle considered, a w h i t e  pa in t  coat ing 

Heat Conducted Through Structural  Supports. The heat t ransfer red  
through s t r u c t u r a l  supports between the propel lant  tanks and adjacent com- - -  
ponents (other  propel lan t  tank, payload, o r  e n g b e  system) is of considerable 
importance i n  estimating the  ne t  t o t a l  heat input  to the propellants. 
given support, 

For a . 

a 

It was assumed t h a t  the cross-sectioual area of tank supports w u l d  equal 
the cross-sect ional  area of a s ingle  bar  required to support the necessary 
w e i g h t  i n  tension during the maximum accelerat ion of the  vehicle  (assumed 
a t  8 g i n  the boost from Earth). 
D/2 f o r  the supports between the two propel lant  tanks, and D/4 f o r  the 
supports between the payload and the  oxidizer  tank, and between the engines 
system and the  f u e l  tank. 

The s t r u c t u r a l  support lengths assumed are 

The s t rength  and thermal conductivity of the s'suctural supports were 
determined assuming the use of 304 stainlsss steel. The ul t imate  t e n s i l e  
s t rength  of 1 ~ , 0 0 0  p s i  was  reduced to a working allowable t ens i l e  stress 
of 100,OOO psi.  The thermal conductivit ies of the supports were taken from 
Reference34at  the mean temperature between the propellant and the adjacent 
component i n  consideration. 

In t ravehic le  Radiation. Another unavoidable heat flux t o  the propellants 
is i n t r aveh ic l e  r ad ia t ion  which may be approximated by the difference between 
the fourth powers of the absolute temperatures of the  propel lant  and the 
adjacent  component, This radiat ive heat transfer can be grea t ly  reduced by 
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i n se r t ing  p a r a l l e l  , thermally isolated r e f l ec t ive  sh ie lds  between components 
as shown i n  the sketch below, 

\ 

Ad j ac en% 
C mp onent 

Reflective Shields 

n u s ,  from Reference 35 , 

I n  this analysis, in t ravehic le  radiat ion shielding of the  propel lan ts  was 
provided (between tanks, between oxidizer tauk and payload, and between fuel 
tank and engines system) by 10 thin aluminum foils with an emissivity of 
0,04, 
considering the supporting members and an aluminum f o i l  thickness of 0,005 
inches. 
not included i n  s torage penalty weight calculat ions,  

This shielding scheme weighs approximately 9 p o u d s  btal (30 shields)  

Being such a r e l a t i v e l y  ins igni f icant  amount, this shielding was 

Net Total  H e a t  Input To Propellant. The net  t o t a l  hea t  input .  to the cryogenic 
liquid determines the time period (storage time, t )  t he  propel lant  can be ' 

s tored  on the  moon ufthout  excessive pressure and temperature rise: 

and 

I n  ca lcu la t ing  the ne t  total heat  input t o  the propel lants  (Equation 8 ) ,  
the  propel lant  spec i f ic  heat ($) was determined a t  the mean temperature for 
the range between the in i t ia l  and final fluid temperature. 
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Vehicle Wei&t Analysis. 
l i n s u l a t i o n  and increased tank weight),  both the f u e l  and the oxidizer  are 

For the determination of vehicle weight pena l t ies  

assumed i n i t i a l l y  ( lunar  surface zero storage time) at  a vapor pressure o f  
25 psia;  this allows a 10.3 p s i  pressure rise enroute t o  the moon (pro- 
p e l l a n t  assumed tanked a t  i t s  normal boi l ing  poin t  and one atnosphere of 
pressure),  Along with having equal i n i t i a l  pressures,  the f u e l  and its 
o-xidiser are assumed (for insulai ion thickness calculat ions)  t o  have equal 
pressure r i s e s  during the lunar storage period. For the purpose of  de- 
termining necessary tank weights, the maximum allowable tank pressure (occurs 
a t  end of storage period) is  the sum of the  allowable propel lan t  vapor 
pressure (25 +Ap, ps ia)  and the required NPSH (20 ps i ) ,  

The optimum (maximum payload) storage system is  achieved by minimizing the 
combined weights o f  i n su la t ion  and increased tankage. 
the t o t a l  tank weights a r e  determined from propel lan t  weight-dependent tank- 
weight f ac to r s  and ul lage requirements developed f o r  various cryogenic pro- 
pe l lan ts ,  

I n  t h i s  invest igat ion,  

Storage-penalty weights used as the c r i t e r i o n  f o r  r e l a t i v e  s t o r a b i l i t y  
cons i s t  of insu la t ion  a d  extra tank weight necessary t o  contain the in- 
creased pressure of t h e  propel lant  due t o  the external hea t  addi t ion,  
def ining equations are 

The a 
and 

The expression f o r  the storage penalty w e i g h t  is 

Wpen = W i n s  + WTE 

Because of the r a the r  complex re la t ions  between propel lan t  temperature 
(hence, propellant pressure ard tank weight) and vehicle skin temperature 
( the  propel lant  temperature i s  a function of the instantaneous tank skin 
temperature), a simplifying method of attack is employed i n  the analysis 
presented herein, 
AP i n  the f u e l  tank f o r  a specified f u e l  tank i n su la t ion  thickness, Enough 
insu la t ion  i s  then assumed t o  be added to the oxidizer  tank  so t h a t  the same 

A storage time i s  first determined to allow a specif ied 

as i n  the fue l  tank exists a t  the end of the determined s torage  period, 

Storage times corresponding to various fue l  tank i n su la t ion  thicknesses are 
presented f o r  a range ofApI8  f o r  both the 02/H2 and FgH2 propel lan t  com- 
b ina t ions  i n  Figures 2land 22 ,  
sized to allow a specif iedAp,  are presented versus s torage time i n  flgUreS 

AP 

The oxidizer tank in su la t ion  thicknesses 

0 

92 



0 

0 

a 

=O@:IKPE+-H)WNE 
4 D I V I S I O N  O F  N O R T H  A M E R I C A N  A V I A T I O N  I N C  

1600 

1200 

400 

0 

Fuel Tank Insulation Thickness XF, inches 

Figure 2 1  02/H2 - Fuel Tank Insulation Thickness versus Storage 
Time for a 20-psi Range of Allowable P r o p e l l a n t  
Pressure Risea. 

93 
FORM 608  E ( L E D G E R )  R E V .  I 58 



0 -  

- -- > , ?.> ~ - - / - - --- .- L- .d L.’L ^_3. T B3-w N E 
4 D l V l S l O N  OF N O R T H  A M E R I C A N  A V I A T I O N  I N C  

100 

0 
2 3 4 5 0 1 

Fuel Tank Insulation Thickness XF, inches 

Figure 22 F2& - Storage Time VS. Fuel Tank Insulation Thickness 
for a 20-psi range of allowable propellant pressure rises. 
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23 and 24. 
however, the r e s u l t s  a r e  presented t o  i l l u s t r a t e  the effects of storage 
time andAp .) 

(The minute insulat ion thicknesses obtained are impractical;  

The re su l t an t  heat  inputs  t o  the fue l  and its oxidizer  a r e  presented versus 
storage tima i n  Fygures25,26, 27, and 28 f o r  an arbitzarily selected Ap of 
10 psi.  
(thus, s h o r t  storage times), the majority of the heat inpu t  to the pro- 
pe l l an t s  i s  seen t o  be from external sources (conducted through the insulat ion) .  

As would generally be expected, for  small in su la t ion  thicknesses 

Vehicle Weight Storage Penalty; Example. Considering t h e  0 d H 2  propel lan t  
combination w i t h  a n  assumedAp of 10 ps i  and having a fuel tank in su la t ion  
thickness of 2 inches, from Figure 21; the  allowabie s torage time is 720 
hours (or  30 Earth days). 
(for minimum storage penalty weight) oxidizer  tank insu la t ion  thickness i s  
0.013 inches (AP - 10 ps i ) ,  and from Figure 29,  the corresponding s y s t e m  
storage penalty weight is 970 pounds. Neat inputs  (ex terna l  through the 
insulat ion,  through s t r u c t u r a l  supports, in t ravehic le  rad ia t ion ,  and n e t  
total) t o  both the f u e l  (H2) and i t s  oxidizer  (02) may be determined from 
the curves of Figures 25and 26. 

In the same manner, allowable storage times, storage penal ty  weights, and 
heat inputs  can be determined f o r  the F f l 2  propel lant  combination from the 
curves presented. 
specified,  an opt imumo,  corresponding t o  minimum penal ty  weight, can be 
determined from the curves of Pigures29and30 e 

From Figure 23, the corresponding necessary 

If however, a desired mission time (s torage time) is  

Conclusions 

Storage ( 1  o r  2 lunar cycles) of a cryogenic l iquid-propel lant  ve'nlcle system 
on the lunar surface q p e a r s  f eas ib l e  f o r  a mnvented storage system using 
superinsulations,  surface coatings, and rad ia t ion  shields.  The main factor, 
other  than insu la t ion  proper t ies ,  i s  the allowable propel lan t  pressure rise. 
Storage weight pena l t i e s  up t o  approximately 2300 pounds ( Ap = 20 p s i )  f o r  
a 122,000-pound gross weight (50,000-pound payload) vehicle  result as shown 
i n  Figures 29and 30. 

I? engine operation does not d i c t a t e  the maxlmumAp f o r  a specif ied storage 
time, a minimum penal ty  weight ~p (optimum) can be se lec ted  from Mgures 29 
and 30. 
optinnImApls f o r  the 02/H2 and F2/H2 propel lant  combinations appear to be 
10 and 1s p s i  respectively.  
f u e l  tank i n su la t ion  thickness of 0.45 inches, an oxidizer  tank in su la t ion  
thickness of 0,0062 inches, and a storage penal ty  weight of 520 pounds. For 
Ff l2 ,  %he f u e l  tank i n su la t ion  thickness would be 0.75 inches, the oxidizer  

For example, assuming a desired mission time of 400 hours, the 

For 02/H2, these conditions correspond b a 
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Figure 23 02/H2 - Oxidizer Tank Insulat ion Thickness versus Storage 
Tmme f o r  a 20-psi Range of Allowable Propel lant  Pressure 
Rises. 
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Figure 2b F2/Y2 - Ox;-dizer radc Insulation Thickness VS. Storage 
Time for a 20-psi range of allowable propel lant  pressure 
rises. 
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Figure 25 Heat Inputs to Fuel (H2) VS. Storage Time for 0 2 h 2  - 
propellant combination with Ap - 10 p s i .  
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Figure 26 Heat Inputs t o  Oxidizer (02) VS. Storage Time  for 02/H2- 
propellant combination with Ap = 10 p s i  
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27 Heat Inputs to Fuel (H2) vs. Storage Time  for F2& 
propel len t  combination with Ap - 10 psi .  
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Figure 28 Heat Inputs t o  Oxidizer (F2) versus Storage T i m  for 
F2/H2 propellant combination with ~p - 10 ps i .  
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, 

Figare 29 Oflp- Storage P e n a l t y  Welght VS. Storage T i m e  f o r  a 
20-psi Range of  Allowable Propel lan t  Pressure  Rises. 
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Figure 30 F*/H2 - Storage Penalty Weight VS. Storago Time for 
a 20-psi range of allowable propellant pressure rises. 
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tank i n su la t ion  thickness 0.013 inches, and the  storage penal ty  weight b75 
pounds, 

I n  conclusion, the F2fi2 propellant combination i s  more readily s torab le  
than 0 G 2  (based on storage penalty weight) f o r  the conditions assumed i n  
this study. 
therefore E greater +a& ins*;i?ation =sight) f o r  the 02/H2 system brought 
about by its lower mixture r a t i o ,  

This is due mainly to the larger fue l  tank dimensions (and 

The results presented are preliminary i n  nature and are intended to indicate 
trends of cryogenic propel lant  storage on the moon. 
assumptions s ign i f i can t ly  influenced the results obtained, 
a less pessimist ic  assumption on the  l a t i t u d e  loca t ion  of the vehicle 
(assumed a t  t h e  1-unar equator) , ard some shadow shielding schemes could 
reduce the  storage penal ty  weights of the cryogenic systems considerably, 
The heat t ransfer  analysis is  simplified; calculat ions are based on an  
average tank skin temperature; however, if instantaneous skin temperatures 
completely penetrate the insulation, a corresponding f luc tua t ion  i n  tank 
pressure rise would result. 
the  pressure peaks would dictate maximum allowable storage pressure ins tead  
of average pressure. 
design cha rac t e r i s t i c s ,  and the lunar mission uould a l s o  undoubtedly in.. 
fluence the results of the study. 
tank weight factors may d i f f e r  from those used i n  this analysis, 
in su la t ion  may be required f o r  local components (propellant l i n e s ,  valves, 
e tc . ) ;  however, compared t o  tank insulat ion,  i t s  weight should be negligible.  
The minute oxidizer  tank insulat ion thickness obtained caused by small tank 
surface area-to-oxidizer weight r a t i o  induced by high d e n s i t i e s  are 
obviously impractical, 
0.2$inch), a small ( l e s s  than 35 pounds) weight increase would result, 

Several  of the basic 
For example, 

Storage time would then be decreased since 

Changes i n  ass@tions of propel lant  pressure,  vehicle 

For d i f f e ren t  vehicle design concepts, 
Also, 

To employ a p r a c t i c a l  insu la t ion  thickness (e.g. , 

The r e s u l t s  ind ica te  that the storage penal ty  weights range up to 2 percent  
of vehicle  gross weight (or  approximately 4.6 percent of  payload weight), 
thus,  the e f f ec t  of lunar storage f o r  1 o r  2 cycles  (up t o  approximately 
60 days) appears s ign i f i can t  bu t  does not p roh ib i t  use of high energy 
cryogenic l i qu id  propel lants  o r  negate t h e i r  performance advantage, 



=Q~=EKE+H)\TFUE ’ 

A D I V I S I O N  OF NORTH A M E R I C A N  AVIATION.  I N C  

SYMBOLS FOR TREXWU STORAGE ANALYSIS 

P cross  sec t iona l  m e a  of structural .  support members, square feet 

= tank surface area, square fee t  
*slqJ 

at  

& 
CP 

dins  

D 

F = vie3 factor 

- moon surface area, square feet 

I propel lant  spec i f ic  heat 8 constant  pressure,  BTU/LB - Rankine 
= i n su la t ion  density,  lbs/f 9 
E propel lant  tank diameter, feet  

k thermal conductivity, BTU/hr=ftRanhine 

IC tank weight factor 

R 
L 

N 

= l ength  of longi tudinal  sec t ion  of propel lant  tank, feet 

= t o t a l  length of propellant tank, feet  

= number of reflective shield8 

NPSH = propel lan t  pump net posi t ive suct ion head, psi 

P allowable propel lant  pressure rise, p s i  AP 
Q = heat  input,  BTU/HR 

S s o l a r  i n t ens i ty ,  M BTU/HR-FT~ 

t = storage time, hours 

T = temperature, Rankins 

U 

W - weight, pound8 

= propel lan t  tank ullage, percent  

= l ength  of s t ruc tu ra l  support members, feet 

X = i n su la t ion  thickness, inches 
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pa = lunar albedo (0.07) 

7 

Cy - absorptivity 

P Sun rays angle or time angle, degrees 

E edssiviw 

w = Stefan-Boltzmannfs natural constant - 0,lm x loo8 BTU/HR-d  - & 

Subscripts 

ac P adjacent component 

f = final 

F = em1 

i initial  

ins = insulation 

iv-rad P intravehicle radiation 

m = moon 

md = moon-daylight period 

m - moIL-mean 

mn I moon-night period 

m t  - moon to tank 

llst =nettota l  

ox = oxidizer 

II propellant P 

pen = penalty 

Pf P propellant-f inal 

P i  I) prope l lant in i t ia l  
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rs E reflective shield 

sm = sun to moon 

st = s u n t o t a n k  

sup P structural supports 

t = vehicle skin 

M = vehicle skin-daylight period 

tm P vehicle skin-mean 

tn = vehicle kin-night period 

!rE = tank-extra 

*f = tank-final 

T i  - tank-initial 
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VIEW FACTORS 

The view f a c t o r  from A1 to A2, u r i t t e n  F is defined a s  the f r ac t ion  of 
the total r ad ian t  heat  flux leaving A1 t E t is  inc ident  upon 62. 

Sun t o  Moon 

The r a t i o  of the rad ian t  flux leaving the Sun that i s  inc ident  on the moon's 
surface to the t o t a l  flux leaving the Sun can be expressed as 

Fa - sin 7 

f o r  an e q u a t o r i d  loca t ion  (Reference 36) 

I 
2 sun to Tank 

With a x i a l l y  aligned cyl indrical  propellant tanks, the solar view fac to r  
var ies  as the Sun passes overhead (projected tank surface a reas  exposed to 
the Sun's rays a r e  a l tered) .  

Eojec ted  longi tudinal  surface area 
Tota l  longitudinal surface area Fst = 

- Ic0s;'l 
n 
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t 
R 

Moon to Tank 

The mon to tanks v i e w  factor i s  considered at all times to be (Reference 36), 

Fmt - 0.5 (a) 
e &DON SURFACE AND VEHICLE SKIN TEMPERATURE ANALYSIS 

HION SURFACE TEMPERATITHE 

The lunar surface temperature i s  dependent upon the rate at  a i c h  solar energy 
is absorbed and reradiated by the moon. 

Assuming the moon to be perfectly insulated, and writing a heat balance for 
aqy time during the dayli@t period: 

Therefore, the surface temperature o f  the moon during the daylight period can 
be expressed as 

! 
During the lunar night period, the surface temperature of the moon is assumed 
to be constant: 
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For one complete lm cycle, the mean (average) lunar surface temperature 
can be expressed as 

VEHICLE SKIN TEMPERATURE 

The sk in  temperature of insulat ion surrounding propel lant  storage tanks 
located on the lunar surface depends upon the rates a t  which the external 
r ad ian t  heat sources ( d i r e c t  solar, albedo, and infrared) are absorbed and 
reradiated by the surface. 

Assuming that the  hea t  bansferred from the surface through the in su la t ion  
to the propel lant  is o a y  a small port ion of the  total amount of h e a t  h- 
pinging upon the tank from external sources, a heat balance on the surface 
of the  insu la t ion  can be wri t ten  as 

Emitted X e a t  = Direct Solar Heat + Albedo Xeat + Infrared H e a t  (2) 

4 a + SFSmpm FmtCYst %+' %l 4 411 FmtaInt Bt (19) 
" T t  Ac = SF*t st 

where the v i e w  factors, 

lcos 71 , Fm = sin?, a d  Fmt = 0.5, 
Fs t  = 9T 

and the surface temperature of the moon (Tm) i s  given by Equation 16 for 
the  dayl ight  period ard by Equation 17 f o r  the night period. 

After subs t i t u t ing  and rear randng terms, the vehicle  sk in  temperature during 
the lunar daylight period can be expressed as 

O< 7-< T 

By neglecting terms containing solar r ad ia t ion  (S) i n  Equation 19, the  skin 
temperature of  the vehicle during the lunar night  period can be expressed as 
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where T,, = 220 R 

The mean (average) vehicle skin temperature for one c o q l e t e  lunar cycle 
can be expressed as 

r n  

The following assumptions contributed to the results obtained in this 
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